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ABSTRACT
As satellite missions begin to require smaller satellites, launch systems and attitude control
thrusters of reduced mass will be required. Microrocket engines could provide a low mass, high specific
impulse, modular answer to these needs. These small rocket engines would produce thrust of order of 10's
of Newtons at a thrust-to-weight of over 1000, over 10 times the thrust-to-weight of conventional chemical
liquid bipropellant engines. The first microrocket engine thrust chamber and nozzle design measures 18 x
14 x 3 mm and is fabricated from single crystal silicon using MEMS microfabrication techniques offering
the promise of low cost in production.
This thesis describes an experimental investigation of bi-propellant microrocket engines and
encompasses the fields of materials, microfabrication, combustion and chemical kinetics, instrumentation,
packaging, and fluid dynamics. It builds on London's earlier gaseous propellant work, expanding the
operating envelope of his motors to higher thrust levels and using these results to design liquid bi-
propellant regeneratively cooled engines.
Failure analysis of the original devices indicated failures were primarily caused by structural
design flaws. Second generation gaseous propellant devices were built and tested. Providing reliable
packaging interfaces between the macro test setup and the device proved very difficult. Two packaging
methods involving modified geometries and glass seals were developed and allowed higher performance
tests.
Combustion experiments spanned a range of oxidizer-to-fuel ratios by mass of 1.6 to 2.5 and
reached a maximum chamber pressure of 30 bar with a maximum thrust of 3 N at a thrust coefficient of
1.12. A maximum c* of 1650 mls has been recorded. Experimental results were compared with CFD
predictions which suggest that the low thrust coefficient of these devices is due to the overexpansion of
gases in the nozzle at the test pressures in combination with the planar extruded nozzle geometry. CFD
suggests that at higher chamber pressures the thrust coefficient will approach values up to 90-95 percent of
the I-D ideal case. Experimental values of characteristic exhaust velocity are in agreement with non-
adiabatic predictions indicating that combustion is nearly complete. The chamber pressure and thrust limits
in the current devices are due to localized failures at bond interfaces in the coolant passages. The potential
of the current design is limited to approximately 60 bar by the coolant passage pressure limit, chamber
structural limit, and injector manifold pressure limit.
Potential liquid propellants for a regeneratively cooled storable bipropellant microrocketengine
are examined. The design space for devices using these propellants is explored based on the thermal,
structural, and fabrication constraints, and a design for a regeneratively cooled microrocket engine utilizing
liquid nitrogen tetroxide and liquid IP-7 as propellants at a vacuum specific impulse of 267 s is presented.
Directions for improved specific impulse engines include increasing the engine size by a factor of 2 to 4
and continuing research on hydrogen peroxide as a coolant.
Thesis Supervisor: Professor Alan H. Epstein
Title: R. C. Maclaurin Professor of Aeronautics and Astronautics
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NOMENCLATURE
Roman symbols
A Area, usually a cross-sectional flow area
At Throat area
1) I)ianneter
Di; Hydraulic diameter
Isp Specific impulse
L Length
L; Chamber length
L; Expansion nozzle length
L* Characteristic chamber length
F Thrust
M Mach number
P Pressure, also perimeter
Q
R
S
T
u
V
Total heat load (heat per unit time)
Gas constant
Fractional uncertainty, also spacing between pins
Temperature
Adiabatic wall temperature
Bulk fluid temperature
Final bulk fluid temperature
Hot-side wall temperature
Cold-side wall temperature
Jet velocity
Volume
r.;
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C Effective exhaust velocity, ~
m
*C Characteristic exhaust velocity, ~~I
m
Cp Specific heat at constant pressure
Specific heat at constant volume
Acceleration of gravity at Earth's surface
Heat transfer coefficient, also height and specific enthalpy
Cold-side heat transfer coefficient
Hot-side heat transfer coefficient
Cv
g
h
Throat height
Throat aspect ratio
WI
lw Length or span of a wall
meng Mass of one engine
liz Mass flow
nsp Number of side cooling passage layers
q Heat flux (heat per unit area per unit time)
r.c Comer radius of chamber
rc Converging radius of throat
r.d Diverging radius of throat
tw Wall thickness
u Velocity
W Width
We Chamber width
We Nozzle exit width
wsp Side passage width, usually minimum required
Wt Throat width
Non-dimensional groups
32
Thrust coefficient, --.!.-
~At
Nu
hL
Nusselt number, -
K
o
F
Oxidizer to fuel ratio, by mass, ~ox
mjuel
Pr
pc
Prantl number, -_P
K
Re Reynolds number, puL
p
T:W Thrust-to-weight ratio, ~
mengg
Greek symbols
*a
Thermal expansion coefficient
Passage aspect ratio
a
t
C
Specific heat ratio (gas constant), ---!!-
Cv
Change in a quantity
I . . AeNozz e expansion ratio, -
At
K Thermal conductivity
J.1 Viscosity
Sc Throat convergence angle
Sd Throat divergence angle
p Density
0' Stress
O'max Maximum allowable stress
'tres Chamber residence time
Subscripts
33
c Chamber
e Exit
max Maximum
min Minimum
ref Reference condition
t Throat, or total
Superscripts
*
Acronyms
BOE
CVD
MEMS
RIB
STS
TMDE
Characteristic
Buffered Oxide Etch (or Etchant)
Chemical Vapor Deposition
Micro-Electro-Mechanical Systems
Reactive Ion Etching
Surface Technology Systems
Time-Multiplied Deep Etching
34
CHAPTER 1
INTRODUCTION
1.1 Background and Motivation
The concept of microrocket engines stems from a research effort initiated by Epstein in
1994 [Epstein]. The goal of this effort is to develop micro-fabricated gas turbine engines
for propulsion and electric power generation. These engines are expected to produce
between 10 and 50 W from a device approximately 20mm by 20mm by 4mm. Silicon
and silicon carbide were chosen as the initial materials of construction. These materials
were chosen for two primary reasons. First, advancements in the field of MEMS (Micro
Electromechanical Systems) have provided the capability to machine silicon to high
precision. Second, gas turbine engines typically require high speed rotating
turbomachinery. The primary figure of merit for material selection for such a
requirement is strength to density ratio. This ratio is much larger for both silicon and
silicon carbide than for typical super-alloys used in large-scale gas turbine engines
[Chen].
The possibility of producing gas turbine engines at reduced scale led to the notion of
producing a turbopump at the same scale. Liquid turbopumps could be used to pressurize
propellants in a microrocket engine system. In a turbopump- fed system, hot gases are
expanded through a turbine in order to provide power to the pump. The microrocket
engine system employs a regeneratively cooled combustion system, in which the
propellants are used to cool the structure before entering the combustion chamber. An
example system, used in the Space Shuttle Main Engine (SSME) is shown in Figure 1-1.
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This cycle uses a fuel-rich prebumer to power the fuel turbine and an oxidizer-rich
prebumer to power the oxygen turbopump.
Oxidizer
Fuef-rich Ox·rich
Prebumers
Figure 1-1: Simple Full-Flow Staged Combustion Cycle with Oxidizer-Rich and Fuel-
Rich Prebumers. [Manski]
A rocket thrust chamber is conceptually one of the simplest methods of producing work
from chemical energy. A combustible mixture bums in a chamber and is accelerated
through a throat and expanded in a nozzle. The practical implementation of this concept
is not a simple task, though. Rocket engines are complex systems. Achieving high
performance in microrocket engines has involved the combination of materials,
microfabrication, packaging, experimental instrumentation, combustion chemistry, heat
transfer, and fluid dynamics.
The focus of this work is on the experimental investigation of microrocket engines and
the application of these results to the development of the cooled thrust chamber for
application to a turbopump-fed microrocket engine system.
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1.2 Potential Advantages of a Liquid Bipropellant Microrocket Engine
System
1.2.1 Thrust to Weight
The primary advantage of scaling down rocket motors comes from the so-called cubed-
squared law. Applied to rockets it says that since thrust is proportional to an area, At, and
mass of the motor is proportional to a volume, that as the characteristic length of the
device is reduced, the mass falls quicker than the thrust, and the T:W ratio increases. The
engine thrust is
T oc pcAteF (1-1)
Figure 1-2: Preliminary System Layout of Microrocket Engine (not to scale) [Courtesy
D. Park, 2003].
and the engine weight can be written as
W oc pgL&At (1-2)
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where P; is the chamber pressure, At is the throat area, CF is the thrust coefficient, E is the
nozzle expansion ratio, L is the engine length, p is the density of silicon, and g is the
acceleration of gravity. Approximating E ,.... 10, Pc"'" 107 Pa, L ,....10-2 m, CF,.... 1 and p"'"
1000 kg/rrr' then
I: ~ 107 ~ 104
W - (103 )(10)(10-2)(10) -
(1-3)
This thrust-to-weight ratio is 100 times that of traditional chemical liquid bipropellant
engines [AI-Midani].
1.2.2 Cost
While it has not been shown, initial estimates indicate that the cost per unit thrust of
producing MEMS rocket motors will equal or eventually be lower than the cost per unit
of thrust of large-scale engines. Producing a small-scale engine using conventional
machining techniques would likely be costly, as the feature dimensions required are of
the same order as the tolerances in large scale machining. The advantages that MEMS
fabrication has are twofold. One, existing fabrication techniques exist to make the small
features (10 urn) required. Two, once the initial mask is drawn, the cost of complexity is
paid. That is, to first order, it does not cost more to make 16 coolant channels than to
make one, and multiple rocket motors can be made at the same time. Currently 16
devices are made per build.
1.2.3 Modularity
Modularity of thrust is also an advantage of microrocket engines. Liquid engines are
expensive to design and develop, and there are relatively few designs in use today. The
relatively few number of thrust levels to choose from forces a vehicle designer to design
around the engine thrust level rather than the specific mission of the vehicle and its
payload. Using a set of microrocket engines connected by a manifold would allow any
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integer multiple of the thrust of one device to be chosen for a vehicle. The packaging of
these multiple rockets may present a difficulty, but microfabrication techniques could
allow for complex manifolds to be made in bulk.
1.3 Applications
Typical thrusters in the 1-20 N thrust range use high pressure nitrogen or helium to
pressurize propellant tanks to force the propellant through the engine system. This results
in the need for thick-walled propellant tanks compared to tanks used in typical
turbopump-fed systems. Several non-MEMS thrusters providing thrust in the 4 to 20 N
thrust range are currently in production. They are available as either monopropellant
systems or bipropellant systems and are referred to as attitude control thrusters. Typical
applications include trajectory corrections, attitude control, docking, terminal velocity
control in spacecraft or ballistic missiles, divert or side movement, propellant settling, or
other functions [Sutton]. A 4-N bipropellant thruster with valves is shown in Figure 1-3.
Figure 1-3: 4-N pressure fed thruster. 30 mm at nozzle exit [EADS]
Because these thrusters are cooled by radiation, the thrust to weight of these systems,
including valves, is between 1 and 4 depending on the thrust level and whether it is a
monopropellant or bipropellant system [Purdue, EADS]. One potential application of
turbopump-fed microrocket engines would be to replace these thrusters on satellites. The
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switch from high pressure tanks to low pressure tanks could result in a 2% reduction in
satellite mass. This tank mass could be replaced with instruments or enough fuel to
extend the life of the satellite approximately 6.5%. [London]
The development of microrocket engines could also enable a new application of micro
launch vehicles. The device thrust, low mass, and high thrust to weight ratio would
enable vehicles that could deliver payloads of 0.1 to 5 kg to orbit. There is interest in the
use of small satellites from many organizations. On a per kilogram to orbit basis it would
be prohibitively expensive to send a 5 kg satellite to orbit using current launchers. The
alternative is to wait for a launch mission with room to add the small satellite. Micro
launch vehicles would enable these devices to be sent to orbit without being part of a
launch of another large satellite or set of satellites. See "A Systems Study of Very Small
Launch Vehicles" [Francis] for a more detailed discussion of this application.
High performance bipropellant rocket engines could also be used as in space propulsion
for planetary propulsion systems. The high thrust to weight ratio is an advantage here,
while the small and modular thrust level of the microrocket engine can provide thrust for
smaller and less expensive exploration devices. [NASA]
The work presented in this thesis focuses on the applications presented above, and is
therefore not directly comparable to other MEMS propulsion systems. The primary
missions of these MEMS devices are in general different from those envisioned for the
device presented here, and none of those reviewed are suitable for primary propulsion of
a launch vehicle. One could envision a system using only MEMS propulsion in which
the MEMS systems above could be used on satellites propelled to orbit by microrocket
engines. The author is not aware of any other effort to produce continuous operation
MEMS bipropellant rocket motors. A review of other MEMS thrusters follows.
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1.4 Literature review
A large amount of recent MEMS-based propulsion research has focused on applications
for satellite propulsion. Broadly, the two types of missions that the majority of MEMS-
based propulsion systems are being designed for are first, to maintain a very tight level of
precision in satellite orbits, and second, to provide propulsion for miniaturized satellites.
A collection of these nanosatellites will have the ability to form specially designed arrays
in orbit to search for life on other planets or to detect gravity waves. Individual satellites
will be able to perform specific missions including inspection and repair of orbiting
spacecraft or refueling of other satellites. Propulsion systems for these spacecraft are
desired to have thrust levels of tens of microNewtons and system masses under 100 g.
[Spanjers]. Both of the above cases primarily involve a focus on providing very small
levels of thrust (JlN to mN) and on reducing the minimum impulse bit a thruster can
provide. An impulse bit is the thrust multiplied by the cycle time of a thruster and, when
combined with the satellite mass, is a measure of the minimum momentum change a
thruster can deliver.
The development of MEMS technology and the desire for thrust for these applications
has led to several types of small-scale thruster systems. An overview of the current
systems is given in
Table 1-1. The specific impulse, thrust, and impulse bit presented are the design goals
and, in most cases, have not been demonstrated. The systems can be separated into two
types: propulsion where the energy used to accelerate the exhaust products is derived
from the propellants themselves and propulsion that requires an external source to
provide this energy (electric fields in most cases). While electric propulsion usually has
the advantage in specific impulse, a measure of how effectively a thruster uses its
propellants, the mass per unit thrust of these systems is typically much larger than
chemical propellant systems. This is due to the requirement for an external power
system. Descriptions of the systems labeled as chemical (including cold gas thrusters)
are given below. These systems are the MEMS systems most comparable to the thruster
of the current work. See Larangot for a basic description of the remaining thrusters.
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Table 1-1: MEMS Thrusters Under Development [Mueller, 2000], [Hitt, et aI, 2001]
Thruster Type
Specific
Impulse
[s]
Thrust [uN]
(Impulse Bit,
[uNs])
Developing Agency
Turbopump bipropellant
H202 Monopropellant
Cold Gas
Digital Solid
Digital bipropellant
Resisto-jet
Vaporizing Liquid
FEEP
Microcolloidal
Micro-PPT
Ion Engine
300
160
40-80
200
200
45-100
75-125
6000-10000
450-10000
800-1000
1400-2000
7500000
1-1000
500-50000
(0.5)
(10-100000)
(3-50)
(100-1000)
1-100
10-200
20-100
(0.1-1.0)
0.1-10
1.4.1 H202 Monopropellant Systems
MIT, DARPA, NASAlGRC
NASAlGSFC
MIT, NASAlJPL
NASAlGRC, TRW, CNES
Princeton, Honeywell
AFRL, USC, Aerpspace Corp.
NASAlJPL
SRI Italy, MSU
Stanford, MIT
UI, NASAlGSFC, EPLI, Primex, NASAlGRC
Aerospace Corp., NASAlJPL
H202 monopropellant systems rely on the exothermic decomposition of hydrogen
peroxide to oxygen and water (steam). The hot gases are expanded through a nozzle to
produce thrust. A catalyst is used to accelerate the decomposition, and the design of this
catalyst chamber is the critical feature for these thrusters. While decomposition of up to
70% has been reported in a device approximately 300 urn by 300 urn by 1mm, work to
date has not demonstrated a specific impulse of 160 s in a MEMS device [Hitt, et all.
While these systems can have relatively high thrust to weight ratios, the heat of
decomposition of the propellant limits their specific impulse.
1.4.2 Cold Gas Thrusters
Cold gas thrusters are perhaps the simplest devices. However they have the lowest
specific impulse of devices compared. In these devices, pressurized gas is expanded
through a supersonic nozzle to produce thrust. The impulse bits of these thrusters are
limited by the performance of the valve system that cycles the thruster. Cold gas
thrusters exist with a thrust of 4.5 mN, and a vacuum specific impulse of65 s [Morash].
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1.4.3 Digital SolidThrusters
Solid propellant MEMS thrusters have been demonstrated. The basic system consists of
a propellant reservoir/chamber, a converging/diverging nozzle, and a resistive heater to
initiate combustion in the device. The main drawbacks of these devices are their
relatively low specific impulse and the inability to restart the devices. The inability to
restart has been addressed by locating tens to hundreds of thrusters on a single chip.
[Larangot, et al]
1.5 Previous Work
Additional work has been performed as part of the MIT microrocket engine project.
Deux, Jamonet, and Miki have worked to develop micro turbopumps to pressurize the
propellants in a liquid rocket system [Deux, Jamonet, Miki]. Pennathur studied
cavitation at the scales required for these pumps [Pennathur]. Lee is currently developing
valves for control of the microrocket engine [Lee]. Al-Midani examined the kinetics of
ethanol-oxygen combustion and simulated the start-up transient of a liquid ethanol/liquid
oxygen microrocket engine system. He also performed a study of the nozzle design later
used by London and in the tests presented in this work. London developed and
demonstrated a gaseous bipropellant microrocket engine. He also developed a
methodology for determining the steady-state performance limits of microrocket engines
[London]. Lopata performed an experimental investigation of supercritical ethanol at
small scales by flowing ethanol through a resistively heated stainless steel capillary tube
with an internal diameter of ,..",100urn [Lopata]. Faust improved Lopata's data reduction
technique and carried out similar experiments in supercritical water [Faust]. Joppin
extended these results to JP-7 and provided a model of the endothermic decomposition of
JP-7 [Joppin]. Most recently, Bernier has extended these tests further to Hydrogen
Peroxide to determine the limits of its use in microrocket engine cooling passages
[Bernier].
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1.6 Organization
This thesis starts with an overview of the gaseous thrust chamber and a description of the
evolution of the design, and the history of the experimental devices used. Chapter 3
presents the failure analysis conducted and lessons learned from these early sets of
devices. The design and fabrication changes implemented as part of this work are also
presented in Chapter 3. Chapter 4 describes packaging of the microrocket engine system,
the progress made, and the lessons learned for future devices. Chapter 5 describes the
experimental setup used for testing the redesigned gaseous motors. Chapter 6 details the
experimental results obtained from the redesigned motors and Chapter 7 provides an
analysis of this data. Chapter 8 describes the performance limits of the current design.
Chapter 9 presents the design space constraints for the liquid motor and the detailed
steady design of a regeneratively cooled liquid microrocket engine. Suggestion for
changes which would allow higher specific impulse are also given. Chapter 10 concludes
with a summary and suggestions for future work.
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CHAPTER 2
DEVICE LAYOUT AND EVOLUTION
This chapter provides a background of the microrocket engine, including a description of
the naming conventions used throughout this work; a description of the coolant,
propellant, and main gas path through the device; and a description of the differences in
devices fabricated and tested as part of this work.
2.1 Naming Conventions and Flow Paths
Figure 2-1 shows the general shape of the main flow path of the device. The general
naming conventions used are given. The throat is considered the center of the device, so
the combustion chamber region occupies the forward section of the device, while the
nozzle occupies the aft section of the device.
Starboard
Exit
Plane
Port
Figure 2-1: Nominal chamber shape labeled with naming conventions used in this work.
The throat is considered the center of the device [London].
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Each device is constructed of 6 individually fabricated layers, which are then bonded
together. Figure 2-2 shows a schematic cross section of the device. Wafer 3 is identical
to wafer 4, wafer 2 is identical to wafer 5, and wafers 1 and 6 are identical except that
wafer 6 does not include the feed port etch. The assembly of these six wafers is referred
to as a build of devices, as each layer includes the features of 16 individual microrocket
engines, arranged in a 4 by 4 array. This arrangement is shown in Figure 2-3. The dies
are referred to by their row and column in this arrangement as viewed from the feed port
side. The upper left device would be 1-1. The outer dimensions of each device are 18
mm long by 13.5 mm wide.
W2
Top wall cooling and
iniector manifolds
WI
Side wall cooling
W3
Top wall cooling
routing ducts
W4 Chamber
W5
Side wall cooling
routing ducts
W6
Figure 2-2: Bond interfaces and general flow layout.
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Figure 2-3: IR image of the 6 wafers of Build 9 bonded together. The 4 by 4
arrangement of the devices of a build is visible.
2.1.1 Propellant Routing and Main Gas Flow Path
The flow paths of the fuel and oxidizer are similar. The propellant enters through a feed
port. It is then routed through the W2/W3 and W4/W 5 interfaces to the W l/W2 and
W5/W6 interfaces where the propellant injector manifolds are located. The only two
features of the device that are not symmetric about the axial direction are the W2/W3 and
W4/W5 propellant routing ducts, and the injectors in wafers 2 and 5. The injector layout
is shown in Figure 2-4. This allows each oxidizer injector to be exactly opposite a fuel
injector, while still allowing wafer 2 to be identical to wafer 5 and wafer 3 to be identical
to wafer 4. Wafers 1 and 6 are also identical except that the feed ports are not etched
onto the exterior of wafer 6.
After flowing through the injectors, the fuel and oxidizer bum in the combustion
chamber, pass through the throat, and are expanded through the nozzle. Figures 2-9
through 2-13 show the features of each wafer discussed above.
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Figure 2-4: Injector layout etched through wafers 2 and 5. [London].
2.1.2 Coolant flow path
Coolant flow enters the device for both the top and side passages at the same location,
shown as the inlet in Figure 2-5, approximately 1 mm aft of the throat. There is one
coolant inlet on each side of the device, and the flows remain separate through the entire
device. From the inlet, the flow travels to the interface of wafers 3 and 4 where it is split
into the side cooling flow which travels forward along the side coolant passages in the
W21W3, W31W4, and W41W5 interfaces, and the top cooling flow which flows forward
through passages in the WIIW2 and W51W6 interfaces.
The top coolant flow is collected and routed along the W21W3 and W41W5 interfaces
back to the inlet where it enters the coolant passages in the WIIW2 and W51W6
interfaces just aft of the inlet and flows aft to cool the nozzle walls. It is collected and
routed through the W2/W3 and W41W5 interfaces to the top coolant outlet ports.
The side coolant flow is collected at near the centerline of the device forward of the
chamber and routed along the W31W4 centerline interface back to the inlet location
where it enters just aft of the inlet and flows aft to cool the nozzle walls. It is collected
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and routed through the W3/W 4 interface to the side coolant outlet ports. Figures 2-9
through 2-13 show the features of each wafer discussed above.
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Figure 2-5: Cooling path schematic [London].
II Outlet.. -~
To increase the heat transfer rate locally, features are added to the coolant passages. In
the side coolant passages in the throat region, fin turbulators are used. A diagram of the
throat region of the device with the starboard side coolant passage is shown in Figure 2-6.
Side inner
chamber wall
Side cooling passage
... Side cooling passage
fin turbulators
Figure 2-6: Side coolant passage at throat illustrating fin turbulators.
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In the chamber coolant passages of the top wall cooling layout, fins are used in the flow
path to restrict the flow and increase the surface area in contact with the coolant flow.
Figure 2-7 shows a typical section of the top cooling passages with these fins.
Top cooling
support
structure
Top cooling
fins
WI
W2
Figure 2-7: Top cooling passage fins.
In the original build of the microrocket engine, the heat transfer coefficient of the top
wall cooling passages was further increased at the throat by reducing the height of the
passages and adding an array of pins to the throat region. The height reduction was
accomplished by eliminating the passages from level one in the throat region. Figure 2-8
shows the pins, and the layout of the throat coolant passages for the different design
variations.
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(a) (b) (c)
Figure 2-8: Throat cooling channel configurations for Builds 1-2 (a), 3 (b), 4-10 (c).
Pins were removed for Builds 3 and beyond. Channel height was increased from 30 J.1m
to 50 J.1min Builds 4 and beyond.
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Top Coolant Channel
Support Structures - Coolant Inlet
•Nozzle Top Wall_-~--.Cooling Passages
• •
Figure 2-9: Wafer 1 backside layout. Black regions are feed ports and are etched
through the wafer. Green is methane flow, blue is oxygen flow, aqua is coolant flow, and
orange is the chamber pressure tap.
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Figure 2-10: Wafer 2 topside layout. Black regions are etched through the wafer.
Propellant injectors are etched through in the propellant injector manifold region. Green
is methane flow, blue is oxygen flow, and aqua is coolant flow.
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Wall .. _W2/W3 top coolingreturn ducts
+--W2/W3 top cooling
outlet duct
Figure 2-11: Wafer 2 backside layout. Gray region is chamber and nozzle etch. It is not
etched through. Black regions are etched through the wafer. Green is methane flow, blue
is oxygen flow, and aqua is coolant flow.
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.__---1 - Chamber / Nozzle
Flow Passage
(Etched Through)
Figure 2-12: Wafer 3 topside layout. Duct work is shared with W2 backside and W3
backside. Black regions, including the chamber and nozzle, are etched through the wafer.
Green is methane flow, blue is oxygen flow, and aqua is coolant flow.
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Figure 2-13: Wafer 3 backside layout. Black regions, including the chamber and nozzle,
are etched through the wafer. Aqua is coolant flow.
2.2 Build Evolution
A total of 10 builds of the microrocket engine have been fabricated. As part of this work,
7 builds, Builds 4 through 10, have been fabricated and tested. A brief description of
each of the builds is given below. A summary of the yields of these builds and the
history of the tests is given in Chapter 6. Unless otherwise stated, all changes from the
previous builds carry over to the later builds.
2.2.1 Build 1
Original microrocket engme build. Maximum chamber pressure of 12.3 bar and
maximum thrust of 1 N reached with this device.
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2.2.2 Build 2
The cooling pins in the 2 mm of the top cooling passages at the throat were removed.
This build was lost due to an error in alignment when the bonded wafers were diesawed.
2.2.3 Build 3
No changes from Build 2.
2.2.4 Build 4
The igniter ports from Builds 1- 3 were removed. The thickness of wafers 1 and 6 were
increased from 550 to 1000 urn. The top wall cooling passage support ribs were
extended in the forward direction to reduce the stress at their ends. The height of the top
wall coolant passages in the throat region was increased from 30 urn to 50 urn, matching
the height of the rest of the top passages. Recesses 1.7 mm in diameter and 300 urn deep
were etched in wafer 1 to receive the glass frits used in packaging.
2.2.5 Build 5
The packaging recesses added in Build 4 were removed. All but one device from this
build were lost due to poor localized bonding quality, allowing only 1 hot test.
2.2.6 Build 6
No changes from Build 5. Seven of the eight dies that passed cold flow pressure tests
were lost in packaging, allowing only 1 hot test.
2.2.7 Build 7
The diameters of the propellant injectors were increased from the Build 6 design.
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2.2.8 Build 8
No changes from Build 7. All devices lost due to poor localized bonding quality.
2.2.9 Build 9
Before each build is cut into individual microrocket engines, the wafers are aligned and
bonded and annealed together. The last step of fabrication before the six wafers were
annealed was changed in Build 9. In this step the stack of wafers is inserted into a press.
For this build, the stack was left in the press for 12 hours, then rotated about the axial
direction and left in the press for another 12 hours in an attempt to improve the localized
bonding quality.
2.2.10 Build 10
The difference between Builds 9 and 10 was the addition of features in the top of wafer 1
to allow the glass sleeve packaging method to be used. These features are 1.3 nun in
diameter and 780 urn deep. A build 10 device was used in the highest pressure and thrust
test at 30 bar and a thrust of3 N.
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CHAPTER 3
FAILURE ANALYSIS
The initial design of the gaseous propellant microrocket engine specified a design coolant
inlet pressure of300 atm and a design chamber pressure of 125 bar with a thrust of 15N.
Initial combustion tests of these devices resulted in device failures at pressures up to 12.3
bar and thrust of 1 N. [London]. A failure analysis was conducted in this work to
determine the cause of the difference in failure pressure and design pressure.
The failures observed are due to a combination of design oversights and material flaws.
Surface roughness left as a result of Deep Reactive Ion Etching produced the stress
concentrations that, when combined with pressure loads, produced failures in the forward
end of the main chamber. Stresses higher than the design levels at the forward end of the
injector manifolds were not originally expected, but were produced by the deflection of
the outer walls caused by the main chamber pressure. Evidence also indicates that
regions in the forward end of the coolant passages where the coolant passage support
structures end were not well supported and led to failure. Later experiments suffered
failures due to packaging flaws and poor structural quality in the coolant passage
supports resulting from inconsistency in the final bonding steps of fabrication.
Design improvements were suggested and employed, and subsequent combustion tests
have resulted in chamber pressures up to 30 bar at a thrust of 3.0 N demonstrating the
validity of the failure analysis and redesign approach. Results from experiments utilizing
the packaging methods described in Chapter 7 indicate that the current failure source in
the Build 10 devices is the inadequate bonding between wafers of the coolant passage
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support structures. The following chapter details the results of the failure analysis and
describes the modifications made to the design. Results from experiments with
redesigned devices from Builds 4 through 10 are presented in Chapters 6 and 7.
3.1 Fabrication Related Failures
3.1.1 Bond Failure Analysis
Two classes of bond failure have been observed in the testing of the microrocket engine
devices. They are large-scale non-bonded regions and localized non-bonded regions.
3.1.2 Large-Scale Non-Bonded Failures
An example of a failure characterized by large-scale non-bonded regions is shown in
Figure 3-1. The coolant passages in this device were pressurized to 25 bar at which point
this failure occurred. Coolant inlet pressures of greater than 125 bar are regularly used in
tests of these devices. A micrograph of a different device is also shown (Figure 3-2).
The bond line is clearly visible in this picture demonstrating that the level 2 and level 3
wafers were not bonded during fabrication. Regions where these large-scale failures will
occur are observable in IR photographs of the entire device build. Fringes in the IR
pictures indicate separations between wafers down to approximately one quarter of the
wavelength of the IR source used [Schmidt]. This inspection manner is a part of the
standard fabrication flow for these devices. These "voids" are usually due to trapped air
or particulate matter between wafers. Proper cleaning and inspection of wafer bow
before processing are two of the steps taken to limit this type of failure.
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Figure 3-1: Failure due to large-scale non-bonding. The smooth surfaces at the bond
interface indicate wafers never bonded. Build 2, Device 2-1.
~.
Figure 3-2: SEM image of chamber cross-section for a device demonstrating large-scale
non-bonding. Build 2, device 3-2.
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Figure 3-3: Typical IR image of a build of devices. Fringes indicate separation of
wafers.
3.1.3 Localized Bonding Failures
Throughout the testing history of the microrocket engine, another type of bond failure has
occurred. That is a failure of a coolant passage or injector manifold at pressures well
below usual test pressures. These failures can occur in devices that pass the large-scale
bond inspection method described above. The failed areas are typically in the l-mm by
l-mm range (Figure 3-4). Inspection of the surfaces shows the smooth surface typical of
a failure along a bond interface. Visual pictures of pieces that have been liberated as a
result of these failures are shown below (Figure 3-5). Both pieces are from a section of
the chamber top cooling passages. Every third rib in these pieces is a structural member
that must be bonded to the complementary wafer in order for the device to meet the
pressure requirements. The remaining ribs are for heat transfer augmentation and do not
extend the full height of the coolant passage. Regions of these ribs that have bonded and
failed can be seen in between the regions where no bonding has occurred. Failure
pressures range from less than 200 psi to greater than 1000 psi. The wide range of failure
pressures is most likely due to the variation in the size of the bonding flaw. The non-
bonded region acts like a diaphragm under pressure supported by the closest well-bonded
support. A l-mm by l-mm flaw will result in less stress at the well-bonded edge than at
a 2-mm by 2-mm flaw at the same pressure.
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Figure 3-4: IR microscope images of coolant channel pressurization failures in Build 8
devices. The released section of the inner chamber wall can be seen as a shaded region in
the right two images.
Fins - not
bonded to
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design
Figure 3-5: Optical images of coolant channel pressurization failures in Build 10
devices. Following the fractured regions along the structural support wall leads to the
local non-bonded areas.
Initially, these regions of localized non-bonding were believed to be due to wafer
contamination, as this is a typical source of wafer bonding problems. New cleaning
procedures were implemented for Builds 6 and beyond and seemed to bring the fraction
of devices failing in this manner back to historical levels. However, all devices pressure
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tested from Build 8 failed in this manner. This forced a reevaluation of the hypothesis
that the failures were due to inadequate cleaning. Thirty-one devices exhibiting this type
of failure were inspected. These devices came from all rocket builds to date. All thirty-
one devices showed failures at the interface between level 5 and level 6 of the devices
(one device showed a failure at both the levell/level 2 interface and the level 5/1evel 6
interface). Because these failures occur consistently at the same interface across several
builds and because the Ll/L2 interface is symmetric to the L5/L6 interface, the cause of
these failures was determined to be related to the processing of the wafers. It was
discovered that the tool used to press the build before annealing is not symmetric. For
Builds 9 and later, the build is flipped in this wafer press, so that each side is subject to
the same procedure. Of the 6 devices tested from Build 9, none showed this type of
failure. However, one Build 10 device failed in a manner consistent with localized non-
bonded regions.
3.2 Failure Analysis Overview
The first step in the failure analysis of microrocket engine Builds 1 and 3 was to examine
the failed pieces for similarities and to try to determine the location of the failure
initiation. A structural model of the microrocket engine coolant passages was generated
based on the results of the inspection, and finally, a complete thermal-structural model
was generated.
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Figure 3-6: Microrocket Engine Port Labels and Areas of Interest in Failure Analysis.
Figure 3-6 shows the general arrangement of the gaseous microrocket engine along with
key areas discussed in this chapter.
3.3 Optical and Electron Microscopy Inspection
3.3.1 Optical Inspection
The initial inspection proceeded from the large scale and ended at the micron level in
some cases. Figure 3-7 (a) through (d) below shows four of the failed devices. The main
failures in each case are found in the forward section of the chamber. The focus of the
initial analysis is on this area. A structural model including the nozzle was developed.
Stresses in the nozzle region were not comparable to those in the forward section of the
coolant passages and chamber.
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A layout of the device is presented for comparison in Figure 3-6. The failures in the hot
tests are mostly located in the forward region of the chamber from the end of the coolant
passages to the forward most section of the injection manifold, which is near the forward
most section of the chamber.
Figure 3-7 a-d: Build 1 and 3 hot tested failed microrocket engines.
3.3.2 SEM Inspection
Figure 3-8 below shows a SEM image of a cross-sectioned microrocket engine. This
initial image shows several of the areas that were later examined in more detail. First, the
chamber walls are visible. The chamber fillet radius and the rough regions on the
sidewalls were examined. Second, the top and side coolant passages and a coolant
routing duct can be seen. Inside of the coolant passages, the misalignment of the wafers
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is visible; however the bond line cannot be seen on the face of the silicon. The fillet radii
in these passages were also examined. The bond between wafers was also checked.
Finally, the injector holes are visible, and the injector region of failed pieces was
examined.
Side Cooling
Passages
Side Cooling
Passage
Routing Duct
Figure 3-8: SEM image looking forward at the forward section of the chamber.
3.3.2.1 Chamber Fillet Radii
The design of the thrust chamber calls for fillet radii of 30 urn in the thrust chamber wall
comers to reduce the stress concentrations at these locations. Because the failures
observed were in this area in general, an inspection of the fillets was performed. Figure
3-9 shows a cross-sectional view of the chamber fillets in the thrust chamber. The radii
measure approximately 30 urn. Therefore, the fillet radius itself was ruled out as a
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possible stress concentration and failure initiation site. However, the roughness of the
sidewalls observed is a cause for concern, and will be discussed in more detail below.
Figure 3-9: Chamber Corner Fillets
3.3.2.2 Forward Top and Bottom Wall Coolant Passages
Figure 3-10 shows an SEM picture of a rocket that failed during firing. The view is from
the forward section of the rocket looking aft. The coolant channel supports are visible.
The failure appears to have initiated at the forward section of the coolant wall supports
and propagated aft along the coolant passages.
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Figure 3-10: Failed Chamber Wall and coolant passages looking aft.
The lowest part of the picture is the forward most extent of the coolant passages. The
bond between the wafers can be seen inside the failed coolant passages. The jagged
nature of the failure in the coolant passage support structures is evidence that the failure
propagated through the silicon on wafer 2, not along the bond line. The fins in the wafer
2 half of the coolant passages can easily be seen in the rightmost passage in the picture.
Injectors
1-
Figure 3-11: SEM image looking aft from the forward extent of the chamber failure.
Figure 3-11 is again a picture looking aft in the rocket. The lowest part of the picture
shows the forward most part of the injection manifold. In the right part of the picture,
69
where the chamber wall is still intact, the injectors can be seen. The forward most part of
the top wall coolant passages can be seen in the left part of the picture. The most forward
failure line is along the forward section of the injector manifolds. This region is shown in
more detail in the next section.
3.3.2.3 Injector Manifolds
Forward-most
Injector Row
Figure 3-12: View from above of forward extent of injector manifold.
Figure 3-12 above shows a section of the chamber failure line along the injector
manifolds. The end of the manifolds lines up with the fracture line.
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Figure 3-13: Axial view of forward extent of injector manifold along fracture line.
Figure 3-13 shows the end of one of the injection manifold ducts. A misalignment of ~ 5
urn is visible at the interface of wafers 1 and 2. The misalignment makes the bond line
clear and shows that the failure did not travel along the bond line. In the pieces examined
as part of the failure analysis, there was no evidence that the bonds were any weaker than
the bulk silicon.
The main conclusions from the visual and micrograph inspection of the devices are:
1. Chamber and coolant passage fillet radii are fabricated as designed and do not
contribute stress concentrations over the design value.
2. There are three likely failure initiation sites:
a. Along the chamber wall at the forward extents of the chamber.
b. In the forward end of the top and bottom wall coolant passages.
c. At the ends of the injector manifold regions.
3. Failures in the combustion tested devices do not propagate along wafer
interface bond lines
These observations gave direction to the structural modeling presented In the next
section.
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Figure 3-14: Wafer 2 top and bottom chamber views illustrating likely failure initiation
sites.
3.4 Structural Modeling
Eugene Huang of Lincoln Laboratories conducted an initial finite element analysis on the
Build 3 gaseous microrocket engine. The initial results showed a stress concentration at
the forward section of the coolant passages in the location of the failure shown in Figure
3-14.
Shaun Berry, also of Lincoln Laboratories, conducted a more detailed thermal-structural
analysis. The results were similar to Huang's results in the region of the forward end of
the coolant passages. This model also showed the amplification of the stress in this
region under thermal load and the combined stresses due to chamber pressure and coolant
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Figure 3-16: Close-up view of area of maximum stress in the forward end of the top and
bottom coolant passage support ducts. 1 bar chamber pressure and 124 bar coolant inlet
pressure. [Courtesy: Shaun Berry]
The two views above (Figures 3-15 and 3-16) are for a coolant inlet pressure of 124 bar
(1800 psi) and an outlet pressure of 69 bar (1000 psi). The chamber pressure is not
included, and the entire structure is left at 300 K. The second view is a close-up of the
most outboard channel, where the stresses are highest. The outboard channel has the
highest stresses because the channel support walls are not the same length in each of the
channels in the original design. It can be seen in Figure 3-19 (b) that the unsupported
span is the largest in the outboard channels. The images show stress buildups at each of
the ends of the structural supports in the coolant passages. The maximum stress shown is
approximately 400 MPa. The design level for the device is set at 500MPa, half the 1 GPa
maximum allowable stress from Chen. The coolant passage stress due to coolant
pressure alone is below the design point, but the analysis does point out the highest stress
areas. Figure 3-17 shows the same view but, this time, the thermal effects are included.
This results in higher stress in the same locations as in the cold analysis.
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passage pressure. This more detailed model allowed modifications of the geometry that
resulted in reduced stresses.
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Figure 3-15: Stress levels in the forward end of the top and bottom coolant passage
support ducts. 1 bar chamber pressure and 124 bar coolant inlet pressure. [Courtesy:
Shaun Berry]
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(a) (b)
Figure 3-19: Forward end of top and bottom coolant passages implemented design
change (a) and original design (b). Support ribs are extended between 300 and 360 urn
leaving the unsupported span equivalent in all passages.
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Figure 3-20: Combined thermal and mechanical loads. 124 bar coolant passage
pressure, 120 bar chamber pressure. 900 K walls. [Courtesy: Shaun Berry]
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Figure 3-17: Stresses in forward end of top and bottom coolant passages. 124 bar
coolant channel pressure, 1 bar chamber pressure and 900K wall temperature. [Courtesy:
Shaun Berry]
The two figures below (Figures 3-18 and 3-19) show a simple example solution to reduce
the stress at the ends of the passage support structures. The supports are extended further
into the duct as shown in the left half on the picture. The right half shows the structural
analysis results showing a reduction in stress by 64%. The stress scales are kept the same
as those in Figure 3-15 to show the elimination of the high stress regions.
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Figure 3-18: Left: Proposed solution to reduce stresses at forward end of coolant
passages. Right: Resulting stresses from solution. [Courtesy: Shaun Berry]
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Fig 3-20 above shows the combined stresses from the mechanical load of the chamber
pressure and the coolant passage pressure, and the thermal load at the design case of 120
bar. The largest stresses of 700 MPa are seen at the forward section of the injector
plenum and, again, at the ends of the coolant passage support structures. While this is
below 1 GPa, material flaws combined with this stress could cause failure. Failures
observed in these regions are discussed above and shown in Figures 3-10, 3-11, 3-12, and
3-13. Again the structural model and observed failure locations agree. The coolant
passage stresses have been discussed previously. The high stresses at the injector
manifold ends, approximately 700 MPa, are due to the strain of the entire chamber wall.
Chamber pressure forces the walls to deflect perpendicular to the gas flow. Due to the
proximity of the injector manifolds to the chamber wall end, this deflection results in
increased stresses at the forward section of the injection manifold. The manifold in effect
carries load that the chamber walls are meant to carry. In order to reduce this stress, the
outer walls of the device (wafers 1 and 6) were thickened as described below.
Figure 3-21 below shows the primary stress versus the change in thickness of the overall
device. The failure level line is the stress calculated from 40 atm of chamber pressure.
The 40 atmosphere level was chosen based on a static pressurization test of a device. The
throat was artificially blocked with epoxy and the chamber was pressurized through the
injectors. Descriptions of these static pressure tests can be found in Chapter 7.
The primary stress was then calculated over a range of outer wall thicknesses. The
intersection between the failure level and the P=125 atm line gives the extra thickness
required to match the calculated stress for 125 atm with thicker walls to the calculated
stress level of the original device at 40 atm. The blue line represents the design goal and
is a stress level ~ that of the calculated failure level (safety factor of2).
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Figure 3-21: Calculated stress level with change in device outer wall thickness for 125
and 40 attn chamber pressures. [Courtesy: Shaun Berry]
In later Builds 4-10, 1000 urn wafers were used for layers 1 and 6, resulting in an
increase in total thickness of the device of 900 urn.
3.5 Simplified Chamber Experiments
As part of the failure analysis, a series of experiments was carried out by Noonan to
determine the strength of the rocket chambers. For these experiments, the simplified
chamber geometry designed by the author and shown in Figure 3-22 was used. The
chamber geometry of the device was used, but no nozzle was included, so the device was
sealed at the throat as shown in Figure 3-22 below.
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Figure 3-22: Layout of test articles for simplified chamber pressure experiments.
Two 400- J.1mwafers were fusion bonded together to create the pressure vessel. The
chamber was etched to a depth of 250 urn to correlate with the 250 J.1metch depth of the
microrocket engine chamber level 2 and 4 chamber etches. The complicated geometries
of the coolant passages are removed. Pressure tests at room temperature were conducted
on these specimens. The typical failure is presented below.
FRACTURE
ORIGIN (1)
Figure 3-23: Typical failure region for simplified chamber experiments. [Noonan]
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The failure seems to originate in the chamber sidewall. The surface roughness of the
sidewall is the main cause for concern. Roughness in the same region in a full device is
visible in Figure 3-8 above. The ADAM 06 etch recipe used to produce these etches is
meant to produce similar depths in features as large as 8 mm wide and as small as 11 urn
wide. As such, it is not optimized to produce minimal surface roughness. The ADAM
06 recipe produces roughness on the order of 5 urn. In order for the design ultimate
stress of the silicon of 1 GPa to be reached, surface roughness of approximately 0.3 urn is
required [Chen]. Experiments were conducted to determine the effect of an isotropic
smoothing etch on the chamber test specimen strength. Itwas found that an SF6 isotropic
smoothing etch can bring the mean failure stress back to 1GPa. A 40-second isotropic
etch is now included at the end of the chamber etches. More on the results of this work
can be found in [Noonan].
3.6 Coolant at throat
The design of the coolant passages calls for a 60 atm pressure drop in the passages at a
design coolant flow of 5 gls. In the initial design, this pressure drop was estimated
assuming a coolant inlet pressure of 300 bar, derived as 2.5 times the chamber pressure.
A pressure ratio of2 across the injectors was assumed, implying a coolant outlet pressure
of 240 bar. For a regeneratively cooled device, this would imply a coolant passage
pressure drop of 60 bar. Pressure drops were not originally calculated based on the flow
rates and passage widths. The objective of this original device was to isolate the risks
associated with cooling the device from those associated with injection and mixing, while
coming up with a design that was not too different in constraints from that of a liquid
motor. In the initial build, the pressure drop in the top coolant passages was much larger
than the above method estimated. InBuild 2 and 3, the throat cooling pins were removed
lessening the pressure drop, but the total coolant flow was still only 2 gls for the design
pressure difference, 3 gls less than the design mass flow of 5 gls.
80
By removing the largest source of pressure drop, the cold side heat transfer coefficient at
the throat for a fixed mass flow was also lowered. Any changes that result in lower cold
side heat transfer coefficients mean that in order to run at the same chamber pressure and
desired hot side wall temperature (same heat flux) the coolant mass flow in these regions
must be increased. This is because the original design matched the heat transfer
coefficients to those required while using a coolant mass flow that matched the propellant
mass flow.
In order to test the gaseous motors for structural integrity and to achieve a higher thrust
coefficient, specific impulse, thrust, and chamber pressure, the goal of having matching
propellant and coolant flow at the design point was abandoned. Enlarging the coolant
flow area at the throat and increasing the mass flow until the 900 K hot side wall
temperature is met yields less pressure drop than meeting the same requirement with
smaller throat coolant area.
The reduced pressure losses result in a lower coolant inlet pressure (holding the coolant
outlet pressure at the critical pressure of ethanol, 63 atm), which results in less loading on
both the coolant passage structure and the packaging interconnect between the device and
the outside flow channels. However, more coolant mass flow (approximately 4 times the
propellant flow) is required to meet the throat cooling requirements.
Figure 3-24 below shows the calculated hot sidewall temperature of the top and bottom
wall coolant passages versus the axial position along the device. The throat is at 0.0 on
the x-axis. A chamber pressure of 30 bar is used in the calculation. The coolant outlet
pressure is set as the critical pressure of ethanol, 63 bar. The coolant inlet pressure is set
to 124 bar. 124 bar is chosen due to the lack of original packaging joints able to
consistently hold more than this pressure. The pressure difference between the coolant
inlet and coolant outlet drives coolant flow through the device. The chart shows that
under these conditions the increase of area at the throat coolant passages allows the
devices from B4 and beyond to cool the hot side coolant walls to below the 900 K design
limit set by material strength versus temperature, while the previous designs do not.
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Because the earlier designs do not meet the constraints at the mass flow given by the 61
bar pressure drop, a higher pressure drop would be required. The results also imply that
for any given chamber pressure, a lower pressure drop across the coolant passages will be
required for Build 4 and later devices than for the previous designs. At fixed coolant
outlet pressure, this implies that the inlet pressure and stress on the packaging
connections and on the coolant walls will be less for the Build 4 and later designs than for
previous designs.
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Figure 3-24: Calculated hot side wall temperature variation with axial position along
device for different engine builds operated at 30 bar chamber pressure. Coolant inlet
pressure and outlet pressures are fixed at 124 bar and 63 bar, respectively.
A summary of the design changes of the top and bottom wall throat coolant passages is
shown in Figure 3-25. Builds 1 and 2 incorporated pins at the throat to increase the local
heat transfer coefficient. InBuild 3, these pins were removed to reduce the pressure loss
at the throat. InBuilds 4-10, the throat coolant passages height was increased from 30 to
50 J.1mto further reduce the pressure loss.
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(a) (b) (c)
Figure 3-25: Throat cooling channel configurations for Builds 1-2 (a), 3 (b), 4-10 (c).
Pins were removed for Builds 3 and beyond. Channel height was increased from 30 urn
to 50 urn in Builds 4 and beyond.
The initial gaseous microrocket engme thrust chamber was designed for a coolant
channel pressure drop of 800 psi with a mass flow of 4.5 gls split 60/40 between the top
and bottom walls and the side walls [London]. After the first devices were built, it was
discovered that the mass flow for a given pressure drop was much less than predicted. At
a pressure difference of 800 psi, the total coolant mass flow was 1.2 gls. Most of the
coolant pressure loss occurs in the throat, where the heat flux is greatest, and the coolant
velocity must be greatest to match. In Build 3, the throat cooling channel pins were
removed to allow more coolant flow for the same pressure drop. While this did increase
the coolant flow, it was still not up to the design values. The main source of pressure loss
in the Build 3 devices is still the throat. The coolant flow did not match the design value
at the design pressure difference because the estimate for pressure loss was based on the
assumption of similarity in pressure drop between typically sized regeneratively cooled
engines and the microrocket engine. A pressure loss of 20% of the coolant inlet pressure
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was used in the design without accounting for the geometry of the passages or the
additional features such as the throat cooling pins.
Builds 4-10 increased the throat coolant passages to 50 microns, matching the height of
the rest of the coolant channels. For the same pressure drop, the overall coolant mass
flow rises, and increases the heat transfer coefficients in the chamber and nozzle sections
of the top cooling passages.
Table 3-1: As-built Build 1 microrocket engine water coolant flows (top wall coolant
passage height is 50 microns everywhere except from -0.57 mm < x < 1.0 mm where it is
30 urn with pins added)
Mass Flow [g/s] Top Wall Passages
Side Wall TotalPassages
Test 0.4 0.8 1.2(Cold Pc = 1 atm)
Test 0.55 0.95 1.5(Hot Pc = 12 atm)*
Table 3-2: As-built microrocket engine ethanol coolant flows and estimates (top wall
coolant passage height is 50 microns everywhere except from -0.57 mm < x < 1.0 mm) -
Builds 2 and 3.
Mass Flow [g/s] Top Wall Passages
Side Wall TotalPassages
Design 2.5 2.0 4.5(Hot Pc = 125 atm)
Test 1.2 0.8 2.0(Cold Pc = 1 atm)
Test 1.45 0.95 2.4(Hot Pc = 12 atm)*
Predicted 2.1 1.5 3.6(Hot Pc = 125)
*In hot flow cases, only the total mass flow is measured. The split ratio is estimated at
70:30 top to side based on cold flow tests.
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Table 3-3: Estimates based on 800 psi pressure drop in coolant passages for microrocket
engine ethanol coolant flow with constant top wall Coolant passage height of 50 microns
- Builds 4-10.
Mass Flow [g/s] Top Wall Passages Side Wall Passages Total
Cold (Pc = 1 atm) 1.9 0.8 2.7
Hot (Pc = 12 atm) 2.25 0.95 3.20
Hot (Pc = 125 atm) 3.0 1.4 4.4
Side wall cold-side heat transfer coefficient estimates are the same under the conditions
in Tables 2 and 3
3.7 Summary
A combination of visual and electron microscopy inspections, finite element analysis, and
experiments was conducted to determine the causes of failure in the original microrocket
engine design to be related to design oversight and material flaws. Stresses and surface
roughness at the forward end of the main chamber, stresses induced in the injector
manifolds by the deflection of the main chamber, and inadequate support of the forward
end of the top coolant passages were the specific failure causes.
The results of the above analysis were used in the modification of the gaseous motor
structural design. The three main changes are summarized below:
1. Outer coolant passage wall thickness was increased. This decreased high
stresses at the injector manifold support walls due to deflection of the chamber.
2. Support structures in the coolant passages above the combustion chamber were
extended toward the injector to reduce high stress regions in the forward end of
the coolant passages.
3. The flow area of the throat coolant passages in the top and bottom wall coolant
passages was increased to provide more effective cooling of the regions outside of
the throat, and to reduce the pressure requirements for packaging joints.
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Experimental results from devices fabricated with these changes demonstrated the
effectiveness of the changes. These high performance results are presented in Chapters 6
and 7.
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CHAPTER 4
PACKAGING
4.1 Introduction and Requirements
Packaging' of the microrocket engine has been a serious limit to reaching higher chamber
pressures and thrusts. Evidence of this is described in Chapters 6 and 7. The focus of
this chapter is on the development of packaging methods that allow higher performance
operation of the devices. Two methods have been developed that have enabled higher
performance combustion tests of the redesigned devices. They are the glass tube sealing
method and the anodic bonding method. In addition, the design and use of an o-ring
sealed package has aided in characterization of devices and allowed combustion tests
which demonstrated that the device performance was packaging limited.
In order to test the microrocket, the flow lines of the macro scale test apparatus must be
connected to the all-silicon device. Full pressure operation of the device calls for
propellant and coolant feed pressures exceeding 250 bar and coolant outlet temperatures
near 700 K.
Several packaging methods have been developed for use with the microrocket engine.
They include:
1. A set of stainless steel plates which connect to the device through the use of
silicone rubber o-ring seals.
1 The term packaging is used in this work to describe any parts and the arrangement of these parts used to connect the
all-silicon device to the fluid connections of the thrust stand mounting plate.
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2. A method employing Kovar u-tubes sealed to the device on one end by glass and
to a stainless steel plate on the other end by silver braze.
3. A method in which recesses are etched into the top layer of silicon to receive
glass tube seals. These glass tubes then seal to Kovar tubing, which is sealed to a
stainless steel plate by silver braze.
4. A method in which the silicon die is anodically bonded to Pyrex glass.
These methods and their developments are described below.
4.2 Silicone O-ring Package
A set of stainless steel plates was machined to accept rocket dies. The seals between the
feed holes of the device and the steel plate were made with silicon o-rings manufactured
by Apple Rubber Co. The dimensions were 0.024" by 0.022" inside diameter and width
of the silicone, for a total outside diameter of 0.068". This package, shown in Figure 4-1,
was used both in combustion tests and for cold flow pressure tests to determine the
capability of individual devices as described in Chapter 6.
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Kovar tubes
Macro fluid connections
(a)
(b)
Figure 4-1: Silicon o-ring sealed package (a) schematic, (b) photo.
The outer diameter of the seal grooves are 1% smaller than the o-ring outer diameter, and
their depth results in a compression of the seals of '"'-'30%. The temperature limit of these
seals is listed by the manufacturer as 500 K. It is believed that this limit was reached in
combustion tests utilizing this package.
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4.3 Glass Preforms
The baseline packaging approach was an adaptation of that developed by London. A
schematic of the baseline packaging arrangement utilized in this work is shown in Figure
4-2. A stainless steel base plate is plated with 111000 inch (25 urn) of nickel. Kovar "u-
tubes" are brazed into this steel plate on one end using a copper-silver braze. On the
other end the Kovar tubes are sealed to the silicon die by melting a glass bead around
them. The glass beads, or preforms, consist of a powdered glass (EN-l in the baseline
process) and a binder. This combination is pressed into a cylindrical shape allowing
assembly of the package. A carbon fixture is used to form the glass beads and to prevent
them from flowing up the Kovar tubing as they melt. The sealing process is done in one
step in a belt furnace at 1020oe. The result of this furnace run is a packaged device
connected to and mounted in a steel block that can then be mounted to the macro fluid
connections of the test setup.
CUbes
55 Block
Macro fluid connections
Figure 4-2: Glass preform packaging layout.
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4.3.1 Glass Preform Package Results
A series of single pull test samples were prepared and tested to failure as part of the
packaging development by Peles and Shim [Peles]. A schematic of the arrangement is
shown in Figure 4-3. The main variations in the experiments were in surface treatment,
type of glass used, and silicon thickness. A summary of the results is shown in Figure 4-
5. The 138 bar (2000 psi) implied pressure line is found by applying the pressure over
the 0.9 mm radius of the feed port in the rocket to convert to a force. This force is them
used as a comparison of the failure forces determined through the pull tests.
Figure 4-3: Glass perform general layout.
Glass-Kovar
Glass-Si
Figure 4-4: Typical glass perform packaging joint showing poor wetting of the glass
onto the silicon dummy device as indicated by the acute angle and better wetting of the
glass to the Kovar tubing as indicated by the obtuse angle formed.
Based on the observation that the glass wetted to the Kovar tubing better than to the
silicon substrate, two surface treatments were tried. The first was a Ti/Ni coating
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consisting of 0.02 urn of Ti followed by 0.5 urn of Ni deposited onto the surface via e-
beam. The other treatment consisted of approximately 0.01 urn of Kovar deposited onto
the surface via sputtering. The surface treatment appears to make little difference in joint
strength.
In order to determine the effect of different coefficients of thermal expansion on the seal
strength, three types of glass were tried. EN-I, Pyrex 7070 with no additives, and Pyrex
7070 with green dye added. The dye is added to aid in assembly. Otherwise the glass is
transparent. In addition, tests were conducted on EN-1 preforms that were etched to
reduce their radius from 2 mm to 1.5 mm. The EN-1 reduced radius seals and EN-1 base
line seals performed well. The clear 7070 did not, and the dyed 7070 gave failure loads
in between the clear 7070 and the EN-I. The low failure loads of the 7070 are believed
to be due to the mismatch of coefficient of thermal expansion (CTE) between the glass
and the Kovar. Table 4-1 shows that the 7070 glass is more closely matched to the
silicon while the EN-1 has a CTE in between that of silicon and Kovar.
Table 4-1: Average CTE for packaging materials.
Material Coefficient of thermal
expansion [JlE/oC]
Silicon (Average 25-500°C) 3.2
Pyrex 7070 3.2
EN-l 4.7
Kovar (Average 25-500°C) 6.15
The joint strength also went up with the increase in the test article silicon thickness from
0.45 mm to 1 mm. Given that the current device design has a 1 mm outer wall etched
150 urn from the backside, there is 850 urn of silicon creating the feed port in the device.
The actual device layout is closer to the 1 mm test articles than it is to the 450 urn test
articles.
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Figure 4-5: Single tube pull test specimen results. The 138 bar (2000 psi) implied
pressure line is found by applying the pressure over the 0.9 mm radius of the feed port in
the rocket. [Shim, Peles]
In addition to single joint pull tests, a series of dummy devices were packaged and tested
cold. Out of 15 dummy devices and packaged rockets pressure tested, 5 dummy devices
had 10 joints tested to over 110 bar (1600 psi) without failure (the u" joint, the chamber
pressure tap joint, was not tested). The remaining 10 devices and dummies all suffered at
least one joint failure. These tests were run to determine the probability of a joint failure
below 110 bar. Therefore, the coolant outlet ports, which under run conditions are not
pressurized above 69 bar (1000 psi) were pressurized above this level. Each joint was
taken to 110 bar unless failure occurred.
Joint failure data from these 10 dummies and rockets packaged using the glass preform
method were collected in order to determine if there was a consistent feed port that failed.
In total 100 ports were pressurized under cold flow conditions resulting in 18 joint
failures. The frequency of joint failure is shown in Table 4-2. If the interaction of the
flaws caused by the proximity of the joints had a large effect on the joint failures, the
propellant feed ports (which have less separation between ports than the coolant ports
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have) would show more failures than the coolant ports. However, the results failure
summary indicates that the failure fractions are closer to uniformly distributed in that the
failure fraction is close to the fraction of joints of each type, and that the main difference
from a uniform distribution of failures among joints is that the coolant feeds fail more
frequently than the closely packed propellant feeds. Data from 18 failures are not
conclusive, but they do not indicate that the proximity of the top five feed ports is a major
obstacle.
Table 4-2: Fraction of cold pressure failures in coolant and propellant joints and the
fraction of failures in each fluid port. If the probability of failure of each joint were
independent of all of the other joints the failure percentage would be proportional to the
number of joints of each type, 20% of the failures would occur in each joint type, 60%
would be coolant port failures and 40% would be propellant port failures.
Type Fraction Percentage of total
of failed joints
joints
Coolant Ports 780/0 60%
Propellant Ports 220/0 400/0
,
:r::, '," " " ~ "
i, ''I}'
Coolant Inlet 220/0 20%
Top Coolant Out. 22% 20%
Side Coolant Out. 33% 20%
Methane Inlet 17% 20%
Oxygen Inlet 6% 20%
4.3.2 Glass Preform Failure modes
Figure 4-6 (a) shows a typical failure of a glass preform joint. A crack has propagated
through the silicon at an angle down to the Kovar tube. The failure is not a complete
separation of the glass from the silicon, although it can be seen in the figure that on the
right side of the preform, the crack has propagated along this interface. The failure is
also not a separation of the Kovar tubing from the glass. The failure pattern is indicative
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of high stresses at the outer edges of the glass flow. The presence of voids can be seen in
the picture. This has been noted in the early development of this packaging method
[London]. Figure 4-6 (b) shows a photo of a pull test specimen submerged in water and
pressurized to ~ 6.9 bar (100 psi). Leakages can be seen coming though the glass, as well
as at the glass/Kovar interface. While such leaks are not desirable, it has not been
determined that they are a main source of packaging failures.
It can also be seen that the glass has flowed down into the gap between the Kovar tube
and the silicon. Because the load is in the vertical direction, without the flow of glass
into the gap between the Kovar tube and the silicon, the interface between the glass and
the silicon would carry the load in tension. Because the glass flows into the gap, some of
the load is carried as a shear force between the Kovar, the glass, and the silicon. The
observation of this flow and the implication that the glass in this region carried load in
shear rather than in tension served as the basis for the glass tube packaging method
described below.
Figure 4-6: (a) typical glass preform joint failure mode. (b) typical leakage paths for
glass preform seals [D.J. Shim].
A finite element analysis of this joint arrangement performed by Shim is shown in Figure
4-7. Also shown is a pull-test specimen that has been sectioned. The cracks in the
specimen are highlighted, and their orientation agrees with the prediction of the model.
The model and comparison to observations from failed joints confirm that the failures
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were due to the combination of the geometry of the seals and the mismatch in coefficients
of thermal expansion between the materials.
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Figure 4-7: Micrograph of pull test specimen showing cracks. Finite element analysis of
joint arrangement showing normal vectors to the maximum principal stresses. [D.J.
Shim]
Finally, Figure 4-8 shows a senes of images showing joints from the top row of
propellant feeds and the chamber pressure tap. The interconnected crack structure that
links cracks of different joints seems to indicate that the damage from an individual joint
is not isolated to that joint.
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Silicon
Evidence of damage interaction
between adjacent joints
Figure 4-8: Damage interaction between joints located on top row of device feed ports
[Shim].
4.4 Glass Tubes
Based on the analysis of the failures of the glass preform packaging pieces, a new glass
sealing arrangement similar to the arrangement proposed by the sealing vendor and
designed for Build 4 was proposed and developed by Shim. The basic layout of this
approach is shown in Figure 4-9. The design philosophy of this method is to transfer the
loading from tensile stress to shear stress along the silicon! glass interface. This method
removed the glass from the top of the silicon surface, eliminating the stress concentration
at the outer radius of the melted glass.
While this packaging method is similar to the glass preform method described above,
there are several significant differences. First, the glass preforms have been replaced
with lengths of solid glass tubing. This limits the potential for voids to form in the glass
seal. Second, straight Kovar tubes have been used instead of u-tubes. This eases
assembly, preventing chipping of the silicon surface from occurring when the Kovar
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tubes are inserted in the device. Finally, this process is done in two steps. The Kovar
tubes are first brazed to the Kovar base plate. This assembly is then assembled with the
device, glass tubes, and carbon fixture and sent through the furnace again.
Initial results with the glass tube method seem to show that the thermally induced
cracking has been eliminated, and as a result, the interaction between joints has been
eliminated also.
Figure 4-9: (a) Glass tube packaging arrangement. (b) Glass tube packaged rocket joints.
No cracks are visible.
Figure 4-10: Final glass tube packaged device.
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The final arrangement of the glass tube packaging scheme is shown in Figure 4-10. The
four coolant outlet tubes have been bent to allow for thermal expansion during a hot
firing. The remaining seven tubes are straight. Brass shim stock is used to transmit the
thrust load to the support member and on to the thrust stand. This prevents the tubes
from carrying this as a bending load. The carbon fixture remains with the package, but
the backside of the device is still accessible for thermal measurements.
Overall results for the glass tube packaging method are promising. While there was
leakage from the joints, of the four devices packaged with glass tube packaging, none had
failures at the joint seals. One device was testable as Run 925.
4.5 Anodic bonding
A packaging method utilizing anodic bonding has been developed. The main advantages
of this method for the microrocket engine are the elimination of tubing with a CTE far
from that of the silicon in favor of Pyrex glass with a CTE that closely matches that of
silicon, the relative ease of assembly, and that it is a relatively low temperature process.
The first main advantage of this method is that it eliminated the need for metal tubing to
be connected to the chip. The Pyrex glass acts as a thermal barrier between the chip and
the o-ring seals at test stand mounting plate. The second main advantage is that it
eliminates the need to insert the Kovar tubes into the device. This eases assembly and
reduces the likelihood of introducing flaws into the feed ports during the packaging
process. Finally, it is a low temperature process compared to the glass sealing methods
discussed above.
4.5.1 Background
Anodic bonding is a method of joining a metal to a glass and is widely used to
hermetically seal glass to silicon. An electric field is applied between the metal anode
and the glass cathode. Under the electric field and the increased temperature, sodium in
the glass migrates toward the cathode, creating a high electric field at the interface
between materials, pulling the glass and silicon into intimate contact. The elevated
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temperature aids in forming a permanent covalent Si02 bond between the glass and the
silicon [Shingle Anodic bonding utilizes a lower bonding temperature and has a less
stringent requirement of surface quality compared to thermal bonding.
4.5.2 Microrocket Anodic Bonding Procedure
The general concept of the anodic packaging is depicted in Figures 4-11 and 4-12. The
silicon chip is anodically bonded to a Pyrex plate, which is then bonded to a silicon plate.
The general process for the anodic bonding was developed by Li. The final silicon plate
is used to route the fluid from the inner connections of the device to the outer connections
of the thrust stand. It consists of two 900 urn silicon wafers with 250 urn channels etched
into each side. One wafer has through-holes etched to match the hole locations of the
device, while the other has through-holes etched to match the thrust stand. Itwas decided
to make these flow channels in the silicon wafer based on the comparative ease of etching
and bonding the silicon wafers as opposed to etching channels in the Pyrex pieces. The
Pyrex includes through-hole features to match the device and thrust stand inlet and
exhaust port arrangements and to allow for alignment and clamping to the thrust stand.
In early anodic packaging pieces, these through holes were machined in-house using
diamond drill bits. Later Pyrex pieces were ultrasonically machined by an outside
vendor. The ultrasonic machining produced much smoother features than the in-house
machining.
silicon Ch~iC bond interfaces
o-ring seal
Macro fluid connections
Figure 4-11: Anodic packaging layout
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Figure 4-12: Initial anodic packaged device.
In order to prepare the die and package, first, the silicon rocket die, the glass through-hole
plate, and the silicon channel plate are cleaned according to the procedure described
below and listed in Appendix C. The individual pieces are then inspected for surface
cleanliness. After cleaning and inspection, the silicon rocket is aligned and bonded to the
Pyrex plate. This pair is allowed to cool. The pair is then aligned to the silicon channel
plate, and bonded in the same manner. For each bond, the assembly was placed in an
oven at a temperature between 325 and 340°C. A bias voltage between 1000 V and
1100 V was used. Current was measured, and the criterion for a complete bond was set
as when the current fell to 100/0of its initial value, which typically occurred 2 to 5
minutes after initiation of the voltage.
Because bond quality varied initially with each anodic bond device, a variety of anodic
bonding procedures were tried. It was later discovered that the failures were primarily
due to surface contamination caused during cleaning steps. The two major sources of
surface contamination were first, outflow of remaining chemicals from previous cleaning
steps during bonding, and second, residue from a cleaning step designed to remove tape
adhesive. It was found that small quantities of cleaning chemicals (most likely sulfuric
acid) remained in the device coolant passages and injector manifolds after the rinse
procedure. During the anodic bonding procedure these chemicals had the potential to
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come to the surface of the die and interfere with the bond. A better method of cleaning
the dies that would flush the coolant passages and injector manifolds should be
implemented. A setup to flow water through the ports could be implemented.
The second source of contamination was caused by a cleaning step in TCE
(trichloroethane), which was used to remove the adhesive left on the surface from the
tape used to secure and protect the device during dies awing. Itwas found that the Teflon
wafer carrier used during this TCE clean dissolved in the TCE and left residue on the
surface of the die. The final anodic bonding cleaning procedure is described in the
Appendix. Itwas used to package the device used in run 919.
4.5.2.1 Cleaning Procedures
Cleaning was determined to be an extremely critical step for proper anodic bonding
during packaging of the rocket motor. The following sections briefly outline the solvents
used in cleaning the glass pieces, silicon pieces, and rocket dies. For more specific
details in the cleaning procedures, see Appendix C.
4.5.2.1.1 Glass Cleaning
The glass pieces are cleaned to remove tape residue as well as residue from the machine
and handling. The procedure to remove the tape residue includes cleaning in
Trichloroethane, Acetone, Methanol, 2-Propanol, and D.I. Water. The procedure to
remove residue from the machine and handling includes cleaning in Acetone, Methanol,
IPA, D.l. Water, and TCE, all of which are repeated, followed by Double Piranha and
drying.
4.5.2.1.2 Silicon Cleaning
The silicon pieces are also cleaned to remove tape residue. The procedure includes
.cleaning in Acetone, Methanol, IPA, D.l. Water, Double Piranha; rinsing in D.l. Water;
cleaning in Hydrofluoric Acid; rinsing again in D.l. Water; and drying.
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4.5.2.1.3 Rocket Die Cleaning
The rocket dies are cleaned after cold flow testing and handling. The procedure is very
similar to cleaning the silicon pieces and includes cleaning in D.l. Water, TeE, Acetone,
Methanol, IPA, D.I. Water, Double Piranha; rinsing in D.l. Water; cleaning in
Hydrofluoric Acid; rinsing again in D.L Water; and drying.
4.5.2.1.4 Anodic Bonding Mechanical Clamp
Before the implementation of this cleaning, inspection, and bonding procedure, an
attempt was made to prevent the devices from separating from the Pyrex. The
mechanical clamp was used because the anodic bonds between the device and the Pyrex
had not proved reliable. The setup is shown in Figure 4-13.
Polished
Steel
Insert
ilicon
Microrocket
Engine ---~---. yrex
Figure 4-13: Spring washer clamp.
Spring washers were used to provide a preload of approximately 40 pounds to the device.
A polished piece of stainless steel was inserted between the clamping steel and the silicon
die. The goal of this setup was to use the anodic bond interface between the silicon and
Pyrex as the seal and to allow the steel and screws to carry the load generated by the
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pressurized gas and liquid flows. While it is not certain if this improved the package, the
method was used on runs 895 and 919, two of the highest chamber pressure and thrust
runs.
4.5.3 Anodic Package Results
Cold flow tests were conducted in anodically packaged devices up to 180 bar at the
propellant inlets without failure. While no leaks were detected at the silicon glass
interface, in one test, coolant leaked to the chamber of the device. It is not clear if this
leak was due to a leakage path between the PYrex and the silicon or if it was due to a
leakage path internal to the device between the coolant passages and the chamber.
An experiment was conducted in order to determine the maximum duration of a run
before the PYrex temperature at the silicon seals used to interface to the thrust stand
would reach their temperature limit of 500 K. Figure 4-14 shows a graph of the
temperature of this interface measured at the coolant inlet interconnect (the closest
interconnect to the die). The silicon die was placed in contact with a hot plate at 700 K at
time zero. The temperature of the interface that must contact the o-ring seals is seen to
reach the o-ring maximum temperature at approximately 70-80 seconds. This interval is
more than required for all of the tests run to date.
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Figure 4-14: Anodic bonding package wall temperature versus time for a hot side
temperature of 700 K. Approximately 70-80 seconds of operation are available before
the o-ring limiting temperature is reached.
Rocket engme tests were also conducted with devices packaged in this manner as
described in Chapter 6. A total of 7 dies from Build 9 and 3 dies from Build 7 were
packaged using this method. Four of these devices underwent rocket engine tests. One
of the remaining six was misaligned and could not be fired. One was broken during
handling. One separated at the interface between the PYrex and the silicon channel wafer.
The other four all separated at the interface between the device and the PYrex. As
mentioned above, surface contamination was determined to be the source of the
separation failures. Figure 4-15 shows an example of a separated device. This package
failed under hot test conditions at a chamber pressure of approximately 4 bar. The
smooth surface of the PYrex where the aft section of the device used to sit is evidence that
the device was never completely bonded to the PYrex.
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Figure 4-15: Failed anodic package and device.
Although only one device has undergone rocket engine testing since the improvements in
cleaning and inspection were implemented, this device did achieve the highest chamber
pressure and thrust out of all the devices tested. While originally unreliable, the anodic
bonding process appears to be a promising approach to packaging.
4.6 Summary and Recommendations
Packaging losses have been a major hindrance to combustion testing microrocket
engines. Accordingly, investigation of the baseline packaging method has been
conducted. The conclusion is that the seal strength has been limited by cracking in the
joint caused by material flaws and stresses generated by the mismatch of the coefficients
of thermal expansion of the materials utilized. Two separate packaging methods,
different from the baseline method, have been developed for the microrocket engine.
They are a method employing glass tubes placed in recesses in the top surface of the
device to seal to Kovar tubes, and a method utilizing anodic bonding to a PYrex plate.
Currently both the glass tube and anodic packaging methods can provide testable devices,
as demonstrated by runs 919 and 925 described in Chapter 6. The glass tube sealing
method seems promising, but tests at elevated temperatures should be conducted to
determine the joint strength under these conditions. Also, the sources of leaks in both
methods should be determined. It is believed that that modifications to the cleaning and
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inspection procedures used for the anodic bonding package have lead to a more reliable
process. Only one device has been anodically bonded and tested since these changes. In
order to increase the yield of the anodic packaging process, a method of flushing and
drying the inside of the coolant channels and injector manifolds without contaminating
the die surface around the feed ports should be developed. Cleaning in this manner may
also be useful for devices packaged using other methods.
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CHAPTER 5
GASEOUS MOTOR EXPERIMENTAL
The test apparatus is that designed and built by London and subsequently modified. The
load cell mounting setup was modified to allow the thrust stand mounting plate to float
on the load cell so that forces in directions other than axially would not give fictitious
loads. The oxygen flow system was modified to allow higher oxygen tank pressures to
be achieved by providing bottled compressed air to the oxygen boost pump. Analysis of
the experimental uncertainty associated with the setup is given in Appendix A for the
measured and derived quantities.
There are four primary subsystems of the experimental setup. They are:
The thrust stand and device mounting plate. This subsystem performs two major
functions. It provides routing from the flow systems to the seals that connect to
the packaged device. It provides locations for the mounting of instrumentation to
record engineering data from the tests.
2 The original design of the thrust stand and required hardware was performed at Lincoln Labs by Herbert Feinstein
under the direction of London. A description of the system is given here to provide background for the changes
implemented in the setup.
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The propellant supply subsystems provide for flow of gaseous methane and
oxygen to the thrust stand. The pressure is regulated through computer control,
and the setup also provides for measurement of the propellant mass flows.
The coolant supply subsystem provides high-pressure coolant (ethanol in the
current work because of its relatively low critical pressure of 63 bar) to the thrust
stand. Pressurized coolant outlet tanks allow the coolant outlet pressure to be
explicitly set.
The control and data acquisition subsystem provides an interface to the test stand.
It provides a means of remotely controlling the propellant regulators, the igniter,
and the flow valves. It also conditions, charts, and records data from pressure
transducers, mass flow meters, and thermocouples.
5.1 Thrust Stand and Device Mounting Plate
The first function of the thrust stand and device mounting plate is routing. The flow
systems connect each fluid to the packaged device via elastomer o-ring seals.
The second function is mounting instrumentation. Mounted onto the device plate are six
pressure transducers: five measure the pressures of one fluid at various points throughout
the test procedure, and one measures the pressure of the chamber. These pressure
transducers are specifically designed for high-temperature operation (up to 500 K with
continuous use) and have a pressure range of 0 - 5000 psi (0 - 340 bar). They are
manufactured by Kulite Semiconductor (model XTME-190).
On the backside of the mounting plate are five fluid connection tubes for oxygen in,
methane in, coolant in, top coolant out, and side coolant out. These small tubes also
serve as flexure between the thrust stand and the device mounting plate.
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Mounted to the coolant inlet and outlet tubes on the packaged engine are K-type
thermocouples, used to measure the coolant temperature. The thermocouples have a 250
urn diameter and are manufactured by Omega Engineering (model KMQIN-010G-12).
They are attached using a high-temperature ceramic adhesive (Aremco Ceramabond
865), chosen for its high thermal conductivity (.....200 W/m/K). These thermocouples have
also been used to measure temperatures on the device and the packaging as described in
Chapter 6.
The mounting plate itself is supported by a load cell, which measures thrust. It is directly
aligned with the expected thrust vector in the case of the u-tube and anodic packaging
methods. The thrust output was recalibrated for the straight tube package. The load cell
has a 5 lbf capacity and is manufactured by Omega Engineering (model LCFD-5).
As part of the current work, the load cell was separated from the thrust stand as shown
below. The rigid fixture was replaced with a steel ball free to float on its support plate as
shown in Figure 5-1.
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Figure 5-1: Thrust stand and device mounting plate layout.
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Figure 5-2: Device mounting plate, elastomer seals, pressure transducers and load cell.
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Figure 5-3: Aft section of setup containing propellant regulators, thrust stand, igniter,
and coolant exhaust.
Figure 5-4: Forward end of setup containing coolant feed, oxygen bottle, and coolant
and propellant mass flow meters.
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5.2 Propellant Supply System
The two propellants, oxygen and methane, are delivered to the thrust chamber in similar
supply systems regulating mass flow and pressure. However, as a safety measure, it is
desired to supply the oxygen at high pressures during tests without actually storing high-
pressure oxygen outside of the apparatus. Therefore, the oxygen supply system uses a
pump to charge an intermediary cylinder with higher-pressure oxygen at the beginning of
each test run.
Bottled Dry
__ C_om....;,p_re_ss_e_dA_ir_1><J
Shop Oil-Free
Compressed Air tx1--L_~-r-----,-------,.-----.
Vent
~J--L..:l:la--_--I-8~-+TO Thrust
Chamber
r8I Solenoid valve ~ Pneumatic valve o Current-controlled regulator
Figure 5-5: Oxygen flow subsystem. [Modified from London]
Compressed Air
1---- ~!«.·U_-L:~---~~-.To Thrust
Chamber
Vent
I8J Solenoid valve ~ Pneumatic valve ~ Manual valve 0Current-eontrolled regulator
Figure 5-6: Methane flow subsystem. [London]
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5.2.1 Oxygen Pressurization System
An air-driven oxygen gas booster pump is used to pressurize oxygen in an intermediary
tank on the test stand. The gas booster pump is manufactured by Haskell (model 28007).
An oil-free air compressor provides the air used to drive the gas booster pump. The
combination of the pump inlet pressure limit and the 6.9 bar (100 psi) supply of the oil-
free air of the facility allowed oxygen bottle pressures of 186 bar (2700 psi). Because
this pressure decreases more rapidly with the higher oxygen. delivery pressure of higher
chamber pressure runs, it was necessary to increase this bottle pressure beyond 186 bar
for the runs presented in this work. In order to allow the oxygen bottle to be pressurized
further, dry compressed air bottles were connected to the pump drive air inlet. A three
way valve determines whether shop oil free compressed air or bottled dry compressed air
is used. The upper limit of the pump drive air pressure is 17.2 bar (250 psi), so the bottle
pressure is regulated before the pump. With these drive air modifications, this oxygen
pressurization system has allowed oxygen supply pressures during test runs exceeding
276 bar (4000 psi) (versus commercial oxygen tanks available with only 172 bar (2500
psi)).
Since the oxygen supply system temporarily stores high-pressure gas, it also has an
additional valve downstream of the main regulator used to remotely vent the intermediary
oxygen run tank. To vent the system, the downstream valve is opened and the regulator
outlet pressure is slowly increased to ensure a slow and safe release of the oxygen.
5.2.2 Propellant Regulation Systems
Both the oxygen and methane mass flows use computer-controlled regulators to vary
their supply pressure with time. When the injectors inside the thrust chamber are choked,
the mass flow is essentially proportional to the supply pressure. Varying the supply
pressure requires the use of two regulators in combination: an air-loaded regulator and a
current-controlled regulator.
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The air-loaded propellant regulators are loaded with pressurized air via a diaphragm such
that the outlet pressure of the regulator is maintained at approximately 75 times the
loading air pressure. A loading air pressure ranging between 0 and 3.4 bar (50 psi) could
produce a propellant supply pressure ranging between 0 and 3700 psi (250 bar) for the
experiment. The air-loaded propellant regulators for both the oxygen and methane are
manufactured by Tescom (model 24-2012).
The loading air pressure is determined by a current-controlled regulator that sets the
downstream pressure between 0 and 100 psi based on a computer-controlled input
current, between 4 and 20 m.A, The current-controlled regulators used to set the loading
air pressure in both the oxygen and methane propellant regulation systems are
manufactured by ProportionAir (model QB1TFIE100).
Upstream of the two pressure regulators, there is a mass flow meter in both the oxygen
and methane propellant lines to measure the flow rates. The mass flow meters are
manufactured by MicroMotion, a division of Fisher-Rosemount (model CMFOI0P).
They are designed for a maximum operating pressure of 414 bar (6000 psi).
Finally, downstream of the two pressure regulators in each propellant supply system is a
pneumatic valve used to shut-off the propellant supply system from the thrust stand.
5.3 Coolant Supply System
The coolant supply system provides high-pressure coolant (ethanol in the current work)
to the thrust stand. Coolant is stored upstream of the thrust chamber in two 500-cc high-
pressure cylinders. Before a test run, the cylinders are filled and then isolated from the
fill tube. Helium is used to pressurize the coolant to the desired upstream pressure.
Downstream of the coolant storage cylinders in the coolant supply line is a mass flow
meter manufactured by MicroMotion (model DH6) and a pneumatic isolation valve used
to control coolant flow into the thrust chamber.
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In the thrust chamber, the coolant flows through cooling passages to cool the walls and
then exits the system into outlet tanks. The original design of the coolant supply system
included coolant flow metering valves at the coolant outlet. In the current work, these
valves have been removed. Both top and side cooling outlet tanks are set to the same
pressure, and no metering of coolant flow via area reduction is used.
CompressedAir
Vent
r-- -9'lI!il-~ToThrust
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...------- __ From Thrust
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M Manual valve ~ Metering valve
Always fully open
In the current tests
Figure 5-7: Coolant flow subsystem. [Modified from London]
5.4 Igniter
The igniter consists of two #32 magnet wires twisted together with approximately a 0.5
mm space between the two ends. After the thrust chamber is mounted onto the thrust
stand, the igniter is inserted into the chamber from above. It is positioned so that the end
of the igniter is approximately in the center of the combustion chamber. When propellant
flow begins, a high voltage is delivered to the wires, generating a spark, which ignites the
mixture. Once the mixture ignites, the igniter wires are forced out of the chamber by the
high velocity exhaust.
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5.5 Data Acquisition and Control
The data acquisition system records the voltage and current signals from the pressure
transducers, mass flow meters, and thermocouples. The raw signal is first directed to a
signal conditioning and amplifying module manufactured by Analog Devices (5B series).
It is converted to a 0 - 5 V signal which is then obtained via an AID capture board
manufactured by National Instruments (model AT-MIO-64E-3). The AID capture board
also has two analog output channels used to control the propellant supply regulators.
LabView software on a Dell Optiplex Pentium II computer is used to acquire data and
generate control outputs. The software acquires data at 500 or 1000 Hz into a first-in,
first-out fixed-size memory buffer. It displays on the monitor, in real time, the most
recent continually averaged data from the last 0.2 sec of testing so the experiment can be
monitored. After an experimental run, the software saves the data and writes it to a disk
for processing. The full history of the preparation and pressurization steps prior to a run
are available at a low sampling rate, and the details of the run itself are available at a high
sampling rate.
LabView software also allows for control of the propellant flow regulators. A pressure
profile is determined before a test run. When the firing button is pressed, the profile is
written to the two analog output channels. The board outputs a 0 - 5 V signal. A signal-
conditioning module converts the signal to the 0 to 20 rnA current signal required by the
o - 100 psi current-controlled regulator used to determine the loading air pressure. The
output levels are defined in the software with the control signal level, expressed in mV,
which approximately corresponds to the propellant supply pressure, expressed in psi.
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Figure 5-8: Data acquisition and control setup.
Provisions have been added to the software that cause the propellant and coolant flow
valves to shut when the coolant mass flow reaches a preset level. This is added as a
safety measure as the ethanol coolant used is flammable.
The pneumatic valves in the propellant and coolant supply systems are also controlled
with LabView software. A separate digital I/O board (model PC-DIO-24PNP) controls
the set of solenoid valves that supply air to the pneumatic valve actuators.
5.6 Video Monitoring and Recording
Four video cameras relay views from inside the test cell to the control room. The first
camera provides a view of the entire setup. Its signal is not recorded. The other three
cameras provide views of the device while firing. Their signals can be recorded. These
three cameras are a digital video camera with microphone, a digital CCD camera with no
microphone, and an infrared camera. Arrangement and use of the cameras varies based
on the packaging scheme employed for each test.
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5.7 System Calibration
The pressure transducers, load cell, and control regulators were calibrated to gauge the
accuracy of measurements. The mass flow meters are pre-calibrated at the time of
manufacture.
5.7.1 Pressure Transducers
To calibrate the pressure transducers, a block used for thrust chamber packaging was
modified to shunt all six of the transducers together. A 414 bar (6000 psi) test gauge with
a stated accuracy of 0.25% was connected to the coolant outlet port, and the fuel flow
system was pressurized with helium. The helium pressure was increased in
approximately 13.8 bar (200 psi) increments and the pressure, as measured by the test
gauge, was recorded at each point. Plotted as sensor voltage versus reference pressure, a
linear fit to the data yields a slope in psi per volt of input signal. When analyzing data
from each experimental test run, this same slope is used, but the zero offset is recomputed
based on the conditions immediately prior to the test run.
5.7.2 Load cell
The load cell used to measure thrust was calibrated by placing a known set of weights on
the top of the thrust stand to increase and decrease the load of the cell. This data
produced a linear slope used to convert the load cell voltage output to thrust
measurements. Prior to each run, a zero-thrust condition is used to set the zero value for
that run. This calibration was also repeated when a new load cell was installed and for
the straight tube packaging arrangement.
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5.7.3 Control Regulators
The final pressure output of the control regulators was characterized to choose the correct
control setting for the desired propellant pressure. This was done during cold flow tests
for each specific device under the specific oxygen bottle pressure conditions. The
various control settings and measured resulting propellant supply pressure were recorded
and used to determine the exact run settings.
5.8 Overview of Experiment Procedure
The following is an outline of a procedure for a generic test run of a gaseous motor.
First, fill the thrust chamber cooling passages with coolant. To avoid trapping air bubbles
in the coolant, draw a vacuum between the coolant flow isolation valve upstream of the
chamber and the coolant outlet downstream of the chamber. Once a vacuum is pulled,
manually open the isolation valve to allow the coolant to flow through the chip and into
the cooling passages.
From the control room, prepare the oxygen and methane propellants. To pressurize the
intermediary oxygen run tank, open the oxygen supply tank and set the regulator to fill
the system up to the flow regulator with oxygen at 150 psi. Then open the valve to the
oxygen gas booster pump so that the pump fills the intermediary run tank with high-
pressure oxygen. Close the facility oil free air line and switch to the dry compressed air
bottles. Set the drive air pressure to 250 psi and pressurize to intermediary oxygen run
tank to roughly 4000 psi. Also open the methane supply tank to pressurize the methane
supply lines up to the computer controlled regulator.
Perform the required cold flow runs to determine the proper oxygen and methane
regulator settings to give the desired mixture ratio for the given device and oxygen bottle
pressure. Repressurize the oxygen bottle to the cold run condition.
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Next, verify that the video equipment is operating properly. Prepare the igniter and insert
it into the chamber through the nozzle. At this point, all personnel must leave the test cell
for safety reasons until the completion of the test.
Open the coolant isolation valve and adjust the inlet pressure until the desired coolant
pressure and flow rate are achieved.
Set the video recorders to begin recording and open the propellant isolation valves. Press
the firing button and the computer begins running the pressure profiles. Once the
propellants begin flowing, press the ignition button. If there is no ignition during the
ignition ramp, cease pressing the ignition button, and close the control air valve.
After a test is complete, vent the helium to depressurize the coolant and stop the flow.
Vent the methane outside of the room and vent the intermediary oxygen run tank into the
test cell. Allow the fan in the test cell to run for a few minutes before re-occupying the
test cell.
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CHAPTER 6
EXPERIMENTAL RESULTS
This chapter presents results from experiments conducted as part of this work. Hot tests
in which ignition occurred are described. Tests conducted without ignition in order to
characterize devices are also described. The primary objectives of these experiments
were to demonstrate high chamber pressure and thrust operation, to collect experimental
data to verify design principles, and to aid in the development of a liquid propellant thrust
chamber.
Cold flow tests of chamber pressure have been used to show the improvements in
capability gained through the redesign of the devices. Cold flow integrity tests have
demonstrated the poor yield of both packaging and bonding of the coolant passage
support walls. This low yield has been a major hindrance to the ability to perform
combustion tests.
Detailed results from 8 combustion experiments are given. These experiments cover
chamber pressures from 2.5 to 30 bar and mixture ratios from 1.5 to 3.0. The maximum
steady state hot firing chamber pressure achieved to date is 30.2 bar. At this chamber
pressure the thrust was 3.0 N. Packaging limitations were the barrier to high performance
for all but the last two tests to '"-J 30 bar. The failures in these tests are due to flawed
bonds in the coolant passages.
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6.1 Cold Flow Device Characterization and Integrity Tests
A series of experiments was performed on each device in order to characterize the motor
and to ensure integrity of the device before packaging. The coolant flow tests described
below were the primary means of detecting the bond flaws in the top and bottom wall
coolant passages described in chapter 2. Pressurizing the injection manifolds also served
to eliminate devices with flawed bonds in this region. The coolant flow experiments
could be used to confirm flow blockages seen during fabrication inspection.
6.1.1 Effective Throat area and Effective Injector Area
Prior to each combustion test, cold propellant is flowed through each device to determine
the appropriate pressure settings to achieve the desired run mixture ratio. The throat area
of each device is determined at the same time. This is done by flowing the propellants at
various supply pressures and measuring the propellant mass flow, propellant pressure,
and chamber pressure. The temperature is taken to be that of the room. The ideal choked
flow relation is used to determine the total effective area for each set of injectors.
Knowing the number of injectors, the effective injector diameter can then be calculated.
r+1
liz _ P ( 2 ]2(r-1)
Aeff - ~ RT, r +1
(6-1)
The same relation is used to determine the effective throat area of the device. Propellant
mass flows are selected to yield a chamber pressure much greater than 2 atm, ensuring
sonic flow at the throat. The measured chamber pressure is used along with the mole
fraction weighted average values of the specific heat ratio and the ideal gas constant for
the propellant combination used. Table 6-1 lists the effective injector diameters and
throat areas for devices discussed later in the hot testing section.
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Table 6-1: Effective Throat Areas and Injector Diameters. The nominal design values
are 18um for the ox. injectors, 14um for the methane injectors and 0.75mm2 for the throat
area.
Die Oxygen Injector Methane Injector Throat Area
Diameter [urn] Diameter [urn] [mrrr']
B43-3 15.4 12.3 0.85
B71-1 19.5 15.0 0.89
B93-1 20.7 16.4 0.86
B92-3 18.5 14.9 0.87
BI04-2 17.5 12.4 0.87
BI01-2 18.6 14.3 0.96
6.1.2 Cold Flow Coolant Flow Tests
As part of the cold testing procedure, the coolant mass flow versus pressure drop was
determined for each device. These tests were generally conducted in the o-ring package.
In later devices, (half of the devices from Build 9 and all of the devices from Build 10),
these tests were not performed prior to packaging because it was not clear whether
residue from the o-ring seals was contaminating the surfaces used during packaging.
Therefore, cold flow tests were conducted on these devices after packaging.
Devices with coolant flows far from the typical mean value were generally rejected for
the following reason. It would appear that a device with 25% less coolant flow than
expected could be run by increasing the coolant pressure difference to drive the flow back
to the required value. However, the typical reason for low coolant flow was a blockage
somewhere in the device. Increasing the total coolant flow in this case cools the rest of
the device more effectively; however the blocked passage would still have no coolant
flow. One device with a coolant channel blockage was run, and the result was a failure in
the coolant passage that was known to be bad from inspection. Other devices with
reduced coolant flow were deemed unacceptable for runs.
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Data collected from device B10 4-2 is shown in Figure 6-1.
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Figure 6-1: Measured coolant mass flow rates for device BI0 4-2. At a pressure
difference of 62 bar, the total mass flow is 3.41 gls. For Build 10, the nominal design
flow is 2.25 gls in the top channels and 0.95 gls in the side channels for a 54 bar pressure
difference.
In general, only total coolant mass flow was measured for each device. This was done at
a pressure of approximately 125 bar at the inlet and 63 bar at the outlet. The outlet
pressure was chosen as the critical pressure of ethanol and is the outlet pressure for
almost all hot tests performed. The inlet pressure was set at the typical value used in
tests. An inlet pressure of 125 bar was chosen because of the large number of packaging
failures experienced and because the mass flow provided by this pressure difference was
determined to be enough to allow operation in the 20 to 30 bar chamber pressure range.
In later hot tests, where a planned chamber pressure of 40 was scheduled into the run
profile, the coolant inlet pressure and mass flow were increased.
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6.1.3 Cold Flow Test Build Summary
Table 6-2 shows a summary of the devices fabricated in Builds 1 through 10 of the
microrocket. Devices from Builds 4-10 are those tested as part of this work. Of the
potential 112 dies from these builds, 15 were of sufficient quality to be used as hot test
articles. Several of these 15 tests encountered failures under hot firing conditions due to
packaging. These results highlight the need for the effort that was put into developing
packaging techniques.
Table 6-2: Build fabrication/inspection, cold test, packaging, and hot test summary.
• Build 1
4 Hot flow tests
4 Cold flow tests
Build 2
0/16 testable devices
Die saw cut misaligned
Build 3
2 Hot flow tests
2 Static pressure tests
Remaining dies lost to
packaging or bond
Build 4 (09/01)
4 Hot flow tests
1 Static pressure test
Remaining dies lost to
packaging or bond
Build 5 (06/02)
1/16 passed cold flow test
1 Hot flow test
Build was near complete loss
Build 6 (10/02)
8/16 passed cold flow test
7/8 lost to packaging
1 Hot flow test
•
•
•
•
•
Build 7 (06/03)
7/16 passed cold flow test
3 Hot flow tests (resulting in
packaging failures)
4/7 lost to packaging
• Build 8 (09/03)
5/5 devices failed under cold
pressure
Entire build was lost due to
bonding
• Build 9 (10/03)
10 dies passed inspection
5/5 dies tested passed cold
pressure test
6 dies lost to anodic
packaging
1 hot test in anodic package
3 hot tests in o-ring package
(imperfect dies)
3 good devices remain
• Build 10 (11/03)
4 dies passed inspection and
bond
2/4 dies passed cold pressure
test
2 hot tests
•
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6.2 Cold Chamber Pressure Tests
In order to determine if the cold failure chamber pressure exceeded the failure pressure
from combustion experiments and to determine the differences in cold failure chamber
pressures between Build 3 and Build 4, static pressurization tests of two devices from
Build 3 and one device from Build 4 were conducted. In addition, cold flow tests on two
Build 7 devices were conducted. Cold gaseous methane and gaseous oxygen were
flowed through these devices until the failure pressure was reached.
Table 6-3: Cold pressure test chamber pressure, coolant channel pressure, and injector
manifold to chamber pressure difference at failure.
Die Pc [bar] Pcoolant Injector Pressure
[bar] Difference [bar]
B32-2 42 1 0
B32-3 18 44 0
B43-4 64 64 0
B73-3 25 6.7 160
B71-3 55 10 75
6.2.1 Build 3 Devices
In order to pressurize the chamber, the throat of the device was blocked using an epoxy.
The chamber was pressurized only from the throat forward. The nozzle was left open to
atmospheric pressure. Except for the time to fill the chamber at each increased pressure,
the injector manifolds and the chamber are at the same pressure. A typical cold chamber
pressure failure is shown in Figure 6-2. The chamber wall failed along the edges in a
manner similar to that seen by Noonan in simplified chamber pressure tests [Noonan].
This device, Build 3 2-3 failed at a chamber pressure of 18 bar with a coolant inlet and
outlet pressure of 42 bar. One half of the propellant injectors were blocked on this
device, preventing its use as a hot test article.
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Figure 6-2: Build 3 die 2-3 chamber pressurization test failure.
Build 3, die 2-2 was tested in a similar manner. The throat was blocked with epoxy, and
the chamber pressure was elevated. For this test, the coolant channel pressure was kept at
1 atm throughout the test. This device could not be hot tested, and its coolant passages
could not be pressurized because it suffered a bottom wall coolant failure in cold flow
tests. Failure occurred at a chamber pressure of 42 bar.
6.2.2 Build 4 Redesigned Device
Die B4 from Build 3-4 was used as a chamber pressure test article from the first build of
devices incorporating the redesign discussed in Chapters 2 and 3. The throat of the
device was blocked with epoxy, and the device was pressurized in the o-ring package.
This device had a blocked coolant outlet port which prevented it from being hot tested, so
it was used as a cold test article to determine what cold chamber pressure could be
reached in Build 4 devices. This also forced the decision to be made as to whether the
nozzle coolant passages would be pressurized beyond the typical run pressure or whether
the chamber pressure would be allowed to exceed the coolant passage pressure. It was
determined that the coolant outlet pressure would remain at the typical run condition of
64 bar to try to avoid a failure in the nozzle coolant passages before a maximum chamber
pressure was reached. The chamber pressure was increased with the coolant pressure
held at 64 bar, and failure occurred when the chamber pressure reached the coolant
channel pressure. A possible explanation for this failure is that the coolant passage walls
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changed stress states under this condition. As the chamber pressure equaled and
exceeded the design pressure, the coolant passage walls would have to go from tension,
the design condition, to compression.
Figure 6-3: B4 3-4 after cold chamber test.
6.2.3 Build 7 Devices
Two Build 7 devices were tested to failure under cold flow conditions. These tests
differed from the three cold flow tests presented above in that the throats of the Build 7
devices were not completely blocked. The first test was meant to determine the feed
pressure the anodic bonding packaging method could sustain. The second test was used
to determine the cold chamber pressure at failure for a Build 7 device,
6.2.3.1 Cold Flow Injector Pressure Test
As part of an experiment to test the strength of the anodic bonding packaging scheme
(see section 4.4), die number 3-3 from Build 7 was tested by flowing gaseous methane
and oxygen through the propellant feeds. The throat was left as fabricated. Die 3-3's
port top coolant outlet port was not etched during fabrication. This prevented the device
from being used as a hot test article. The results from this test are shown below in Table
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6-4 and Figure 6-4. Two tests were conducted with this device. The first one, Run 766,
did not result in failure, so the pressures were increased for run 767.
Table 6-4: Run 767 Failure conditions.
Chamber Measured Propellant Oxygen Methane Isp [s]
pressure [bar] Thrust [N] pressure [bar] flow [gls] flow [gls]
25.1 1.8 196 3.54 1.38 36.7
250
~ 200 ......... -. ".". . ... -.- ...
Q)
:;150
CI)
CI) I=O~ I~ 100 ........... ".D-c.. 50 .......... ... C 4 .e
D- o
10 15 20 25 30 35
(a 30.eo
~
:::J 20~
~
D-
iu 10
.0
Eas.c
U 0 10 15 20 25 30 35
2.5
2
~1.5
iii
:::J 1.c
I- 0.5
0
10 15 20 25 30 35
time [sec]
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Figure 6-5: Build 7 3-3 after failure.
Because there was no combustion in the chamber, the chamber gas density is higher, and
the chamber pressure is lower than it would be for the same mass flow under hot
conditions. This is important because for choked injectors, the mass flow is set by the
supply pressure. A greater supply pressure is needed for a cold test to produce the same
chamber pressure as a hot test.
y+l
m _ P ( 2 J 2(y-l)
Aeff - ~RT, r + 1
(6-2)
This results in a larger pressure drop across the injectors for the same chamber pressure.
The difference in the pressures in this test, 160 bar, is larger than the design pressure
difference of 120 bar. This results in a calculated stress in the injector manifold support
walls that is greater than the design stress. This stress is the likely cause of failure in this
test. The experiment resulted in an acceptable failure and confirmed that the strength of
the propellant manifolds meets and exceeds the strength required for the design
condition.
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6.2.3.2 Cold Flow Reduced Throat Area Test
In order to test a build 7 device to failure through elevated chamber pressure and not
failure through injector manifold pressure difference, the throat area of another Build 7
device was reduced by applying epoxy to the throat. The goal was to reduce the throat
area to a level that would set the propellant mass flow under cold flow conditions equal to
that at hot flow conditions for the same pressure. Using equation 6.3, and estimating the
cold temperature as 300 K, and the hot temperature as 3000 K with the goal of having the
same mass flow versus chamber pressure, a desired throat area of 32% of the original was
chosen. Epoxy was again used to block the throat, but not seal the chamber.
Aeff new Tc_ new
Aeff _ old Tc_ old
(6-3)
Table 6-5: Throat areas for B7 die.
Typical fabricated At 0.86
[mm2]
At original [mm"] 1.07
At reduced [mm"] 0.29
Fraction of original 27%
Area
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Figure 6-6: Run 767 and 809 effective throat area measurements.
The device used had been through an anodic bonding packaging sequence but separated
from the Pyrex base plate before the device could be fired. The aft section of the device
was damaged leaving the coolant passages open to atmospheric pressure. This device
was packaged in the o-ring fixture for cold testing following this anodic packaging
failure.
Table 6-6: Failure conditions for run 809.
Chamber Thrust [N] Propellant Oxygen Methane Isp [s]
pressure [bar] pressure [bar] flow [gls] flow [gls]
53.1 0.9 120 2.1 0.81 31.5
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Figure 6-8: Coolant inlet and outlet pressures for run 809.
Figure 6-9: Build 7 1-3 after Run 809. Irregularity of reflected light is a result of the
earlier anodic bonding procedure and failure.
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The pressure difference between the injector manifold and the chamber at failure was 67
bar, well below the 160 bar of run 767, and below the 120 bar design pressure difference.
The coolant inlet and outlet pressures increased with each step in chamber pressure. This
is possibly due to a faulty ball valve separating the methane from the coolant inlet
pressurization line. The coolant pressure could have contributed to the failure of this
device. The passages were already damaged from the earlier packaging failure. This test
demonstrated Build 7 devices could sustain greater than 25 bar of chamber pressure
under cold conditions.
6.2.4 Cold Pressure Test Limitations
While the results from cold pressure tests have been used in conjunction with finite
element analysis to aid in the redesign of the gaseous motors, cold pressure tests alone
cannot serve as accurate predictors for hot tests.
One limitation of these tests is due to the combined low yield of fabrication and
packaging. Based on the need for hot test data, the decision was made to package and hot
test devices that passed the cold pressurization tests presented below. For this reason, the
cold chamber flow tests were conducted only in already flawed devices. The effects of
these flaws, listed above for each device tested, are unknown.
By the nature of the cold flow tests, the thermal element is not included in these tests.
Analysis presented in chapter 2 showed that the effect of temperature was to increase the
stresses in the device, and this is not included in these tests.
6.2.5 Cold Test Summary
Cold tests have been useful in several regards. First, the tests eliminate devices that
would fail under hot flow conditions. This saves the time and effort of packaging and
combustion testing these devices. Tests in this manner have also pointed out the two
major limitations to the yield of testable devices. The first is the failure of the coolant
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passages under pressure caused by faulty bonds. The second is the low Yield of
packaging. Understanding these as the major loss mechanisms gives direction to further
process development. Cold tests have also shown the improvements in cold chamber
pressures achievable with the redesigned builds. A cold chamber pressure of 63 bar has
been achieved.
6.3 Gaseous Motor Combustion Tests Results
A number of combustion tests were performed with devices from Builds 4 through 10.
The propellants used were gaseous methane and gaseous oxygen. Liquid ethanol was
used as the coolant for all tests.
A summary of the coolant inlet and chamber pressures at failure of all of the hot tests
performed is presented below. The believed cause of the failure is also labeled for each
test. Nearly all of the failures for Build 4 and beyond are due to packaging. More
discussion on packaging can be found in Chapter 4.
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Particular detail will be given to the tests shown in table 6-7.
Table 6-7: Hot tests described in further detail.
Die Run Relevance
B43-3 475 Build 4, High chamber pressure,
a-ring package
B53-4 671 Ignition Detonation
B61-1 681 Glass frit package;
Si temp measurement
B71-1 808 First anodic package hot test
B93-1 868 Reduced off; a-ring package
B92-3 895 Highest Thrust/Chamber Pressure
run with no leakage
BI04-2 919 Overall Highest Thrust/Chamber
pressure run; Anodic package
BI01-2 925 Glass tube package, high chamber
pressure and thrust
6.3.1 Hot Test Ignition
Ignition was achieved though the use of a spark igniter as described in Chapter 5.
Ignition mixture ratios were set to different values than run mixture ratios following the
protocol developed by [London 2000]. Figure 6-11 shows that the typical band of
mixture ratios, (OIF) where ignition will occur is between 2.3 and 3.0. Run mixture
ratios range from 1.6 to 2.4. The stoichiometric mixture ratio of oxygen and methane is "oJ
4.0.
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Figure 6-11: Ignition results from Build 1 [London]
In the experiments presented here, several attempts (as many as 10) would be made
before ignition was achieved. It was discovered that, although in cold flow tests
preceding the attempted ignition runs the mixture ratio was set to be within the bounds
shown above, the mixture ratio of the run was out of the bounds. Itwas found that for a
given command signal, the computer controlled pressure regulators were producing
output pressures that depended on the supply pressure to the regulator. This dependence
grew as the supply pressure was increased. This dependence is not a problem for the
methane regulator, which has its supply pressure fixed by a regulator connected to a high-
pressure tank. However, the input to the oxygen regulator comes directly from the high-
pressure oxygen tank, The pressure in this tank decreases with each cold test and through
leakage as time passes between tests. A protocol was implemented in which the oxygen
tank pressure and resulting mixture ratio were recorded for each cold test. A sample run
sheet for this protocol is shown in Appendix A. After the desired mixture ratios were
achieved the oxygen bottle would be re-pressurized to the cold flow level before firing.
6.3.2 Run 475
Prior to the developments of anodically bonded and glass tube packaging, run 475 was
the highest chamber pressure test. The die used in this test was packaged using silicone
o-rings as described in chapter 4. Because evidence from previous tests of Build 4
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devices suggested the internal support structures of the coolant passages of this build
were not entirely bonded, reduced coolant inlet and outlet pressures of 95 bar and 40 bar
were chosen. An outlet pressure below ethanol's critical pressure of 63 bar leaves the
possibility of boiling in the coolant passages. However, any increase in the pressure over
1 atm increases the boiling temperature above the normal boiling point and allows a
larger range of boiling-free operation.
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Video of the run shows a coolant leak developing at approximately 12 seconds into the
run. Evidence of this can be seen in both coolant outlet pressure traces as well. Although
the plume was obstructed by the coolant leak, video from the IR camera showed that the
propellants were still burning, and the run was allowed to continue past the point of the
initial leak. The final chamber pressure at failure was 19.5 bar.
As the chamber pressure was ramped from 17.2 bar to 19.5 bar, the injection pressure of
the oxygen reached the remaining oxygen bottle pressure. This effectively limited the
mass flow of the oxygen, while the methane flow continued to ramp up. This resulted in
a reduced oxidizer to fuel ratio compared to the rest of the run. Since the design mixture
ratio of 2.3 is below the stoichiometric value of 4 for oxygen and methane, reducing the
mixture ratio further results in a reduced chamber temperature and heat load. Experience
gained from this experiment suggested that reduced mixture ratio tests could be run to
reduce the heat load in the device. Implications of this are discussed in the following
chapter.
As previously mentioned, run 475 was conducted with the device packaged in an o-ring
package. The package was described in more detail in Chapter 4. Later tests described
below confirmed that the outer wall temperature reaches the o-ring maximum
temperature at a chamber pressure of -9 bar at a mixture ratio of 2.3. The initial coolant
leakage in run 475 occurred at a chamber pressure of 9.3 bar. Effects of this leakage can
be seen immediately in both the toplbottom wall coolant outlet and the side coolant outlet
pressure traces, whereas in later tests (Run 925 and 919), in which failures occurred
within the device, effects were only seen in the coolant outlet trace of the failed passage.
This supports the belief that the initial coolant leakage was due to overheat and failure of
the coolant o-ring seals.
Final failure of the device is most likely due to a local failure between the chamber and
the coolant passages as coolant flow drops rapidly before the final failure.
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6.3.3 Run 671
Run 671 was conducted with the only useable device from build 5, device 3-4. It was
packaged using u-tubes and glass preforms. Figure 6-16 shows the propellant mass
flows, chamber pressure, and temperature profiles for this run. The ignition point is
when the temperatures began to change, at a chamber pressure of 4.1 bar. The device
immediately failed. The test is discussed more in Chapter 7.
6.3.3.1 RUII 671 Detonation Pressure
During run 671, ignition occurred at a much higher propellant mass flow than in typical
tests and immediately resulted in chamber failure. Taking pressures and mixture ratios
from Figure 6-16 to calculate the mixture molecular weight, the mass of cold propellants
in the chamber can be found as the density times the chamber volume, with density
coming from the ideal gas law. At ignition, the chamber pressure was 4.1 bar, the
mixture ratio was 2.3, giving a molecular weight of reactant mixture of 22.0. As in
Altman, assuming all of this propellant mixture ignites instantaneously and does not exit
the chamber until the maximum pressure is reached and using the properties of the
r; :::;;MchRTc
products from CEA, ptranscan be found, from equation ( MVc (6-4), which is
again the ideal gas law. The CEA properties of the reactant mixture are a molecular
weight of 17.34 and a chamber temperature of 31OOK.
(6-4)
Ptr for this run is 42.4 +/- 1.2 bar. This failure under the start conditions highlights the
importance of developing a safe and reliable ignition procedure. The relevance of this
experiment to the design of a liquid motor is discussed in chapter 9.
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Figure 6-16: Propellant mass flow, chamber pressure, and temperature plots from run
671. Ignition occurred at a cold chamber pressure of 4.1 bar and immediately resulted in
device failure.
6.3.4 Run 681
The device used in run 681 was packaged using glass preforms and u-tubes (see Chapter
4). The objective of this test was again high-pressure operation. An additional
thermocouple was placed on the silicon die centered 2mm forward of the throat. The
temperature measurement is shown in the plot above. While the glass preform package
of this device failed with the chamber pressure at 9 bar, the silicon temperature
measurement revealed that the maximum allowable temperature of 500 K for the silicone
o-ring had been reached on the surface of the die at a chamber pressure of approximately
9 bar, similar conditions to those under which the leak in run 475 developed.
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6.3.5 Run 808
Run 808 was the first hot test performed of a device packaged via anodic bonding.
Coolant upstream pressure was steady at 130 bar throughout the test, and coolant outlet
pressure was 72 bar at the time of the failure. Coolant mass flow was steady at each
ramp of chamber pressure. Video of the test showed the cause of failure of this device to
be the propagation of cracks through the Pyrex packaging plate to the packaging ports
and into the device.
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An attempt was made to protect the Pyrex surface from the plume by shielding it with
carbon. However, the high temperature ceramic adhesive used to affix the carbon to the
Pyrex failed early in the test. The plume attached to the Pyrex, and caused thermal
stresses in the Pryex. The stresses caused flaws at the Pyrex edge to form cracks that
propagated through the piece and into the silicon device.
6.3.6 Run 868
The objective of run 868 was again to reach high chamber pressure and thrust. The
device was packaged in an o-ring fixture. The conditions for this run were set to result in
a mixture ratio of approximately 1.8 during the higher-pressure plateaus in the run. This
approach was determined based on the following:
The glass preform u-tube package had been shown to be unreliable.
The results from run 475 suggest that combustion could still take place at
reduced mixture ratios.
Hot runs with devices rejected from inspection in o-ring packaged devices
showed combustion continued to mixture ratios just below 1.6.
The results from run 681 suggest that the silicon temperature was the limiting
factor in the o-ring package.
By reducing the mixture ratio, the outside wall temperature was reduced. Run 868
validated this approach.
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Figure 6-20: Run 868 propellant pressure, chamber pressure, mixture ratio, coolant mass
flow, and temperature.
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At failure, the chamber pressure was 17.2 bar. There was no coolant leakage up to this
pressure. The run provided data on coolant outlet temperature without boiling up to a
chamber pressure of 17.2 bar running at a mixture ratio different from the previous runs.
It appears that, based on these later runs, run 475 ran to 19.5 bar with structural integrity,
but it is not certain that the o-rings were the source of the leak. Run 868 demonstrated a
hot run chamber pressure of 17.2bar with structural integrity.
Prior to failure, the coolant mass flow began to fall. In all other tests conducted with
packaging other than the o-ring package, the coolant mass flow only increases as
chamber pressure was increased. Similar reduction in coolant flow was observed in the
one other high-pressure o-ring packaged test, run 475. It was initially thought that the
reduction could have been due to blockage caused by vaporizing fluid after the initial
leak exposed the coolant to atmospheric pressure, however, similar behavior was
observed in run 868 which had no such leak. It is possible that the reduction in coolant
flow is due to constriction of the flow path through the o-ring seals as silicone seals are
known to expand when heated [Apple Rubber catalog]. Based on the proximity of the
coolant inlet ports to the throat and their relative proximity to the chamber compared to
the coolant outlet ports, it is likely that the inlet port o-rings are experiencing the highest
temperature.
The third temperature trace is that of the bulk silicon measured on the exit plane of the
device. There is approximately 3mm of silicon between the measurement point and the
coolant channels and gas path. The heat flux to the coolant is expected to be lowest at the
nozzle exit. The temperature profile is below both of the coolant outlet temperatures.
6.3.7 Run 895
Run 895 is the highest chamber pressure and thrust run to date of an entirely structurally
intact device. The device used in this test (B9 2-3) was packaged via anodic bonding as
described in Chapter 4. This package consisted of a silicon back plate and a piece of
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Pyrex machined with a diamond-tipped drill. The package was clamped using Belleville
spring washers applying an approximate preload of 40 lbs to the device and package.
The mixture ratio of the run was set at approximately 2.0.
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Figure 6-23: Die B9 2-3 before firing.
The three temperatures recorded were measured in the locations shown and described
below.
Lead to Si outer side wall
Silicon at exit plane
Stainless steel spacer
Figure 6-24: Run 895 thermocouple locations.
The highest temperature of those measured is that of the stainless steel plate clamped
directly to the silicon. This temperature does not reach steady state. This is expected
because the steel has a relatively large thermal mass and is in contact with an even larger
piece of steel. The temperature of the sidewall of the silicon die is the next highest
temperature. It is measured 10 mm from the nozzle exit. 2.68mm of silicon separates the
thermocouple from the chamber in this location. The final temperature shown is that of
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the face of the Pyrex packaging piece. It is measured at the location of the port coolant
inlet port in the thrust stand.
Prior to firing, it was noted that the cold flow propellant flows resulted in liquid being
expelled from the chamber at the beginning of each test. The probable explanation for
this is that the coolant lines were pressurized at 900 psi during these tests, and there was a
leakage path in the anodic bond between the propellant feeds and the coolant inlet feeds.
Port Oxygen
Feed
Starboard
Coolant Inlet
Void Regions
Drilled Pyrex
Through-Hole
Silicon
Device
Figure 6-25: Run 895 anodic bond interface. The area around the starboard coolant inlet
port indicates a defective anodic bond in that region.
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Non-Bonded
Region
Starboard
Coolant Inlet
Figure 6-26: Run 895 post failure. The area near the starboard coolant inlet port appears
not to have bonded to the Pyrex base plate.
Figure 6-25 shows a close-up of the interface between the Pyrex and the silicon die.
Voids can be seen in the vicinity of the starboard coolant inlet port and the port propellant
feeds. Figure 6-26 shows the device after the hot test. Because the device was clamped,
when the failure occurred, the packaging plates left a cavity in which the methane and
oxygen continued to mix and bum. For this reason, the failure region is quite extensive.
While the original failure source is difficult to pinpoint, the region indicated in Figure
6-26 appears to be flat, which indicates it was not completely bonded during the anodic
bonding process. The failure of the bond at the interface between the rocket die and the
Pyrex is believed to be the cause of failure of this device.
6.3.8 Runs 919 and 925
Hot runs 919 and 925 were conducted sequentially and yielded the highest chamber
pressure and thrust out of all of the experiments. The run conditions and results are
similar enough that both sets of results will be presented together. Both devices were
from Build 10. Die 10 4-2, used in Run 919, was packaged using the anodic bonding
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method using the improved cleaning method. Die 10 1-2, used in Run 925, was packaged
using the glass tube and recess method.
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157
120 919
~
<1l.e. 80~
::J
(J)
(J)
~
Q..
a. 40e
Q..
0 0 5 10 15 20 25
1.5
~
~ 1u,
:z
<1l~
~0.5
Q..
o L.-lL...- ---L ----I.... --L.. --L- ~ _ ___J
o 10 205 15 25
Figure 6-28: Runs 919 and 925 Propellant feed pressures and mass flows. The two
highest pressures are methane. The two highest mass flows are oxygen.
150 r--.-------~--------.------..------.-----~-----,
:[
II)~
Q.. 100
E
<1l~
u;
a.
:::> 50
'E
<1l
"8o
925
919
o i
10 15 20o 5
i
...... -
...... -
25
80
~ 925 Side Side Spikes.0
;75 ;.
::J
II)
II)~
Q.. 70
~w
'E pike~ 65 . . . . . . . . . . .
8
0 919
60 0 5 10 15 20 25
Time[s]
Figure 6-29: Runs 919 and 925 coolant inlet and outlet pressures.
158
Likely explanations for the failures of these devices follow. Run 925 experienced a
failure in the starboard side coolant passages (based on the pressure spike and the
recorded IR images) and continued to run. As the propellant flows were increased, the
device experienced another failure in the side coolant passages. The combined leakages
from the coolant flows into the chamber served to quench the flame.
An analogous explanation for the failure in Run 919 is that the initial failure was in the
side coolant passages, and the device continued to run. The second spike in coolant
pressure is in the top and bottom coolant wall pressure. The failure here led to the failure
of the chamber as seen in Figure 6-31. Microscope inspection showed that the failure
region of Run 919 did show some localized non-bonded areas (Figure 6-32), which likely
contributed to the final failure.
The cause of the side coolant passage failures is not immediately clear. Device B9 2-3
used in Run 895 was run under similar conditions, yet the side coolant passages stayed
intact until the ultimate failure of the device at 23 bar, 35 percent more chamber pressure
than the ro.J 17 bar chamber pressure at which both devices tested from Build 10 had side
coolant passage failures.
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6.3.8.1 Run 919
Run 919 demonstrated the anodically bonded package utilizing the improved cleaning
procedure.
Figure 6-30: Run 919 after firing. The device top surface is still completely bonded to
the Pyrex package piece. The failed part of the device is shown on the stainless steel
insert described above.
Fractured~~---~-
Not bonded
Figure 6-31: Region near throat ofBI0 1-2. Lower fraction of coolant passage support
in region shown is not bonded.
Figure 6-33 shows an IR image of the nozzle section of device BI0 1-2. The supports in
the lower part of the failed region are not bonded, while in the upper part they are
partially bonded. Failure in the upper supports in the picture is evident by the dark
regions at the centers of each.
160
Light region
indicates failed wall
Fractured
Figure 6-32: Failure in nozzle coolant walls not visible from the outside of the device.
IR image shows failed passages (bright passages) next to the failure line (dark), next to
intact passages (gray passages).
Figure 6-34 shows an image of the chamber section of the failed device from run 919. It
appears that the region shown is evidence that the side walls separating the chamber from
the coolant passages may not have been bonded along the entire length of the side coolant
passages. This could have caused the failures in the side passages, and the leak between
the coolant passages and the chamber observed before this test.
Side coolant passage
Chamber
Smooth face
indicating non-
bonded region
Figure 6-33: Failure in chamber region ofBI0 1-2. Region shown appears to be a non-
bonded region separating the coolant passages from the chamber.
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6.3.8.2 Run 925
Run 925 was the first hot test performed using a device that was hot packaged using the
glass tube and recess method. The successful firing of this device demonstrated the
improvement over previous glass packaging methods. The first device packaged using
this method was deemed not acceptable for test when cold flow tests after the packaging
procedure resulted in an unacceptable coolant mass flow.
Figure 6-34: Run 925 after firing. No damage is visible on the outside of the device or at
the packaging joints. Side coolant passages inside are damaged.
6.3.9 Combustion Testing and Mixture Ratio
Figure 6-35 shows a plot of the highest hot test chamber pressures achieved against the
mixture ratio of the oxygen and methane in the test. Packaging has been the major
obstacle in achieving higher pressures. It appears that lowering the mixture ratio (and
thus the chamber temperature, heat flux, and heat load) in the tests has helped in
achieving the goal of higher pressure.
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Figure 6-35: Hot test mixture ratio and chamber pressure summary. The red line at 4 is
the stoichiometric value for methane and oxygen. The blue line is the lower limit
obtained in experiments at 7 bar chamber pressure. Higher chamber pressures have been
achieved at lower mixture ratios.
6.4 Summary
Results from a variety of experiments conducted with redesigned microrocket engines
from 8 different builds were presented in this chapter. Cold tests have been performed to
characterize the devices. These tests have highlighted the need for improved packaging,
and bonding of the small support wall features in the microrocket engine coolant
passages, and demonstrated the improvements of the redesigned devices.
Using ethanol as a coolant, chamber pressures of 2.5 bar to 30 bar were achieved. A
maximum thrust of3.0 N was measured. Experiments were conducted with oxygen and
methane propellants across a range of mixture ratios from 1.5 to 3.0. The key causes of
failure of devices in these tests are packaging failures and local non-bonded area failures
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within the device. The following two chapters will present a more detailed analysis of
these results and highlight the implications for the potential of microrocket engines.
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CHAPTER 7
ANALYSIS AND DISCUSSION OF RESULTS
7.1 Introduction
This chapter presents the analysis of the results of cold and hot flow tests. Coolant
passage pressure losses, heat load, and performance parameters are presented. At the
highest pressures achieved, after adjusting for non-adiabatic effects and non-ideal nozzle
performance, measured specific impulse agrees with the expected ideal values to within
the uncertainty of the measured parameters.
7.2 Coolant Passage Pressure Drop
As discussed previously in Chapter 3, the pressure loss of the coolant passages was larger
than originally estimated based on comparisons with macro-scale rockets. Comparison is
made between experimental results and typical laminar and turbulent pressure loss
correlations to determine their effectiveness as design tools for microrocket engines.
Figure 7-1 shows a logarithmic plot of the experimentally determined coolant mass flow
and pressure drop across the chip. The higher sloped reference lines are shown for a
linear relationship between pressure difference and mass flow, as would be expected for
laminar flow within the passages, Eq. 7-4. The lower sloped reference lines indicate a
nearly quadratic relationship between mass flow and pressure drop, which is expected
from the Colebrook equation for turbulent flow within the passages, Eq. 7-5. The
prediction of pressure loss is also shown. It is calculated as described below. The
equivalent diameter used is the hydraulic diameter,
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(7-1)
where Ach is the channel cross sectional area, and Pch is the wetted perimeter of the
channel. The Reynolds number is then calculated as,
(7-2)
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- Top flow turbulent prediction, Eq. 7-5
Side flow experiment
- Side flow laminar prediction Eq. 7-4
Pressure drop [bar]
Figure 7-1: Coolant mass flow versus pressure difference across the chip. Higher slope
reference lines are for a linear relationship between D, and mass flow. Lower slope
reference lines are for a quadratic relationship between D, and mass flow.
For pressure loss calculations of flow in channels, equation 7.3 is generally used.
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(7-3)
Here, the channels are divided into 170 segments, and the loss through each segment is
calculated with Ax as L. The losses are integrated to determine the total pressure loss.
For laminar flow pressure loss calculations.j" can be found analytically to be,
!= 64
Re
(7-4)
which, when combined with equation 7.3 yields a linear relationship between velocity
and pressure drop.
For turbulent flow pressure loss calculations, Colebrook suggests,
1 (8/ D 2.51 Jf7 = -210glO --+ f7 [Colebrook]
-V! 3.7 Re-v!
(7-5)
which, combined with equation 7.3, gives a nearly quadratic relationship between fluid
velocity and pressure loss. A surface roughness to diameter ratio, E/D of 0.08 was used.
The above two relations are used for calculating pressure loss in the coolant passages in
Chapter 3, Chapter 8, and Chapter 9. The Colebrook equation is solved using Newton's
method.
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Figure 7-2: Calculated Reynolds number based on hydraulic diameter versus position
along the device for top/bottom passages and for side passages.
The Reynolds number based on hydraulic diameter along the coolant passages is shown
in Figure 7-2. The typical value used for determining when flow is turbulent is:
Re > 2300 (7-6)
Using this criterion, it can be seen that under cold flow conditions the flow in the side
passages is not expected to be turbulent, and the flow in the top and bottom passages is
only turbulent for the throat regions for pressure differences greater than 32 bar. The
relations of the curves to the reference lines of figure 7-1 agree with the expectations
based on Reynolds number. The side coolant flow is indicative of purely laminar flow,
while the top and bottom flow is closer to the laminar relationship at lower flows and
nearly parallel to the turbulent relationships at the highest flows. Although only the
throat region meets the criterion for turbulent flow at the highest flow, the pressure drop
relationship is closer to the turbulent relationship. This is because the flow velocity is
highest at the throat. Therefore most of the pressure loss is contributed by the turbulent
section of the flow. While the characteristics of the flow at the throat control the pressure
drop of the device, it is important to note that the heat transfer coefficients throughout the
device are expected to be determined at least partially by the nature of the flow.
Turbulent flow at the throat alone may not be enough to effectively cool the walls of the
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device. This is discussed more below with regards to the gaseous motor experiments in
section 7.4.
Because the mass flows of the top and side passages are not measured independently
during a hot test, but these values are desired for determining the performance of the
device, one would like to know the relative fractions of the mass flows under cold
conditions so that estimates under hot conditions can be made. Figure 7-3 shows the
fraction of the coolant flow going to the top and bottom cooling channels as a function of
the pressure difference across the chip cold during cold tests. Because the top and bottom
wall varies from laminar to turbulent along the channel, and the side flow is laminar, an
increase in pressure difference produces a larger increase in the side passage flow than in
the top and bottom wall passages. Using results where the nature of the flow is different
than in the hot flow cases to estimate the hot flow fractions will not accurately represent
the mass flow split. As the flow increases this ratio approaches a split ratio of 70:30, and
this is the ratio used in later analysis.
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Figure 7-3: Fraction of coolant flow to top and side passages changes with pressure
difference in cold flow experiments.
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7.3 Estimated Hot Run Reynolds Number
The Reynolds number is the ratio of inertial to viscous forces within a flow. As
mentioned above, it can be used to characterize whether flows are turbulent or laminar.
The distinction is important because the coolant passages of the microrocket engine have
been designed assuming turbulent flow heat transfer correlations. For the highest
chamber pressure runs to date, the coolant flow typically borders on transitional to
turbulent flow.
Figure 7-4 shows the calculated Reynolds number versus position along the coolant
channels based on data from Run 895. Properties of the fluid are determined from the
sources listed in the references. The enthalpy of the fluid is determined from the heat
load calculation of section 7.4. The coolant mass flow is assumed to split 70:30 top walls
to side walls. Reynolds number rises with chamber pressure for a fixed coolant passage
pressure difference, because the liquid viscosity falls with increasing temperature, and
because the mass flow increases as the viscosity falls. The coolant inlet is at
approximately 1mm on the x axis. The Reynolds number exceeds the turbulent criterion
in the throat region of the top and bottom wall passages. The side passage flow borders
on the criterion for the highest chamber pressure. The jump in Reynolds number is the
location where the fluid returns to cool the nozzle after cooling the chamber. Its
temperature is elevated at this point, and the viscosity has fallen, so that while the
passage geometries are similar, the fluid properties cause a difference in Reynolds
number. The above calculations indicate that flow in the device during hot tests is
expected to be turbulent, and the form of the heat transfer correlations used should apply.
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7.4 Heat Load
Determination of the integrated heat load absorbed by the coolant is important for two
reasons. First, it validates the assumptions of the design tools used in the design of both
the gaseous and liquid propellant devices. Second, it provides a method to adjust the
performance parameters of the device starting from ideal adiabatic calculations.
Experiments in which the outer wall temperature of the device was measured suggested
the original method of estimating the heat load that propellants would absorb in
experiments did no capture all the sources of heat transfer to the coolants. The original
model assumed that all of the heat from the hot side wall flowed into the coolant on the
face of the coolant passages closest to the chamber. Experiments suggested that
particularly at low chamber temperatures (and low convective heat fluxes), the bulk
temperature of the silicon was higher than the coolant temperature and thus, heat would
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flow into the coolant from the far face of the passages, as well. The modified model is
meant to estimate effects of conduction through the coolant passage support walls to the
bulk of the device. A modification was made to the method of computing the heat load
that the propellants absorbed as shown in figure 7-5. It is assumed that the section of the
coolant passage hot wall in line with the coolant passages transmits heat through the
coolant passage wall near the combustion chamber, and that the remaining hot side wall
area transmits heat to the bulk silicon and into the back of the coolant passages. A
simplified analytical modification was used because a complete 3-D thermal model of the
coolant passages capable of generating the necessary heat transfer coefficients is
unavailable. The simplified assumptions of the analytical model allow rapid calculation
of heat loads for the wide variety coolant mass flow and run conditions of the
experiments. While the hot side heat transfer coefficients do not change by changing the
model in this manner, the final coolant temperature does change, as does the coolant
temperature at every point along the channels. This, in tum, changes the hot side wall
temperature.
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Figure 7-5: Schematic of (a) heat transfer model used in original design by London (b)
modifications made to account for the bulk wall contribution to the coolant heat load.
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The experiments conducted as part of the current work were conducted under conditions
that prevented boiling in the coolant passages. The coolant exit pressure was maintained
at a level above the critical point or above the pressure required to prevent boiling at the
fluid temperature. Therefore, the coolant temperature, a quantity measured during
experiments, itself is a measure of the fluid enthalpy. Enthalpy as a function of pressure
and temperature was determined as in Lopata and Vargaftik. In previous experiments
evidence of boiling in the coolant passages was observed, meaning that both the quality
of the coolant and its temperature would be required to determine its enthalpy.
The total heat load is the integral of equation 7-7 over the entire surface of the chamber
and nozzle. The heat flux to the wall from equation is considered proportional to the heat
transfer coefficient and the difference between the adiabatic wall temperature and the
wall temperature.
(7-7)
The heat flux through the wall is given by,
(7-8)
and the heat flux into the coolant is given by,
(7-9)
The Nusselt number is the non-dimensional number typically used to describe the heat
transfer coefficient. It is:
hL
Nu=-g-
k
(7-10)
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The hot-side heat transfer coefficient is found from correlations given by equation 7-11
or 7-12 and 7-13. Equations 7.12 and 7-13 represent a correlation from Bartz [Hill and
Peterson], and typically predict a higher heat transfer coefficient. These two relations are
compared in the analysis of the experimental data below.
(7-11)
The local fluid properties used to determine the non-dimensional parameters are the fluid
bulk properties determined through the use of the Computer Program for Calculation of
Complex Chemical Equilibrium Compositions and Applications, CEA. CEA determines
the chemical equilibrium point of the mixtures by minimizing the Gibbs energy and
determines the theoretical rocket performance using one-dimensional equations [Gordon
and McBride]. Hill and Peterson suggest that the fluid properties be calculated at the film
temperature; however the previous work of London has shown that the bulk properties
present a more accurate representation, so only bulk temperatures are used in this work.
h = [0.026 (pO.2Cp J (Pc JO.8(Dt )0'1](~JO'9(J"
g D 0.2 Pr 0.6 c * r A
t c t
(7-12)
(7-13)
For the cold side, the correlation selected as best fitting experimental results of Lopata,
Faust, and Joppin for the ethanol coolant is similar to the Dittus-Boelter Nu dependence,
and is hereafter referred to as the nominal heat transfer correlation. It is,
NUD,b = 0.025 ReD,b 0.8 Pr, 0.4 (7-14)
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In the throat region of the side coolant passages, the following correlation is used to
determine the augmentation of heat transfer coefficient due to the addition of throat
cooling fins as described in Chapter 2 [Han].
( )
-0.121
Nu = 10.72 Re-O.I44 L
Nus H
(7-15)
Nus is calculated from equation 7.14, and plH is the ratio of the distance between
turbulators in the flow direction to the height of the ribs, and is chosen as 15 for the
current design, that is there is one rib every 15um along the passage give that the selected
rib height is 1 urn.
The cold side heat transfer coefficient is found by evaluating the above correlations at the
conditions of the flow in the coolant channel. At each location, the heat flux from the hot
side (equation 7.7), the heat flux through the wall (equation 7.8) and the heat flux into the
coolant are equated, and a cold-side and hot-side wall temperature can be found. The
heat flux found is then integrated over the area to give the incremental heat the coolant
must absorb. The propellant temperature is increased the required amount to increase its
enthalpy by this amount.
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Figure 7-6: Side wall coolant temperatures and predictions. "x" indicates the
assumptions of Figure 7-5 b were used.
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Figure 7-7: Top wall coolant temperatures and predictions. "x" indicates the
assumptions of Figure 7-5 b were used.
The local wall temperature is solved for based on the local coolant properties.
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Figures 7-6 and 7-7 show the calculated coolant bulk temperatures for the cases described
above. The conclusion is that the total heat load appears to agree with that predicted by
the nominal heat flux correlation when the additional heat transfer from the far side of the
coolant passage walls is added. This is particularly relevant in the low mixture ratio case,
where the original model under predicts the heat load for both correlations, while its
results straddle the experimental results for the higher mixture ratio cases. This is
because conduction becomes more important relative to convection as the mixture ratio
and thus convective heat flux are lowered. The method described above is used in
section 7.5 to account for non-adiabatic effects in estimating c*, the characteristic exhaust
velocity.
7.5 Characteristic Exhaust Velocity, c*
The characteristic exhaust velocity is shown for the experiments of this work in figure 7-
10. c* for idealized one-dimensional rocket flow can be written as
r+1
~(
y +1)2(r-1)
c*= RT --
c 2y
(7-16)
and as such it is a measure of effectiveness of combustion. It is a function of chamber
temperature, or how much thermal energy the combustion products acquire during
combustion. It is experimentally determined from its definition,
(7-17)
where the throat area is determined as described in chapter 6.
CEA was used to determine ideal c* values under adiabatic conditions and for conditions
including heat removal. Frozen flow was assumed in the nozzle flow (i.e, no reactions
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occur through the expansion process, so no reaction mechanisms are required for the
calculation of thrust or c*. This assumption holds reasonably well given that the
residence time of the flow in the nozzle is of the same order as the characteristic chemical
reaction time. Taking the average flow velocity to be approximately Mach 2, and using a
conservative minimum chemical residence time of 10-6 sec [Midani]:
<; L
'comb =, comb2~ yRgTch (7-18)
Where L is the nozzle length of approximately 6 mm. Then
'noz ~ 2.3
'comb
(7-19)
And the frozen flow assumption is validated or errors due to it should be small.
Figure 7-10 shows the CEA calculations of c* for adiabatic conditions, and for conditions
including heat removal. Since c* is a measure of the thermal energy in the reaction
products, it will be reduced by the heat removal required to cool the structure. In the
non-adiabatic case, the design model is used to determine the heat load removed from the
chamber. The inlet enthalpy of the propellants is then reduced by this amount in the CEA
calculations.
The experimental values of c* appear to approach the calculated values as the chamber
pressure Increases. At the highest chamber pressures reported, the non-adiabatic
calculations of c* lie within the uncertainty of the experimental results. This indicates
that the combustion process in the chamber is nearly complete, and that the chamber
residence time and mixing effectiveness are adequate.
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Figure 7-8: Measured values of c* compared to calculated values assuming no heat loss,
and heat loss as described in section 7-4. Measured values approach the calculated
values at high pressures indicating nearly complete combustion.
7.6 Thrust Coefficient
The thrust coefficient is a measure of how effectively the nozzle expands the combustion
product flow to generate thrust. A one dimensional idealized calculation of the thrust
coefficient is given by,
(7-20)
and its definition, used to determine the experimental values is
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F
CF=--
~At
(7-21)
Figure 7-8 shows the experimental values of Cr against the chamber pressures recorded.
The solid line shown is for the maximum Cr attained when Pe = Patm- Given that the
nozzle area ratio is fixed at 15 for the experiments, separation of the flow is expected to
occur upstream of the nozzle exit. Sutton suggests that separation occurs at PseplP atm =
0.4 for axisymmetric nozzles. A dashed line is shown indicating the expected thrust
coefficients under this separation assumption. For the purpose of this calculation, the
nozzle is assumed to end when Pe = Psep-
Runs 919 and 925 cannot be used to determine c* or Isp as they depend on mass flow.
Given the side coolant passage failures, which emptied an unknown mass flow of coolant
into the chamber upstream of the throat, there is no reliable way to determine the total
mass flows traveling through the throat in these tests. However, they can be used to
determine the experimental thrust coefficients for the higher chamber pressures. The
underlying assumption in using these data is that the coolant that entered the chamber
was vaporized and expanded in the nozzle along with the combustion products. Cr can be
determined from the data, but the ratio of specific heats is not known, making comparison
to the 1-D model difficult. The lack of a valid mass flow measurement in the highest
pressure tests explains why values of c* and Isp are not reported above 24 bar while
values of the thrust coefficient are.
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Figure 7-9: Measured thrust coefficient as a function of chamber pressure. Experimental
results increase with increasing mixture ratio or chamber temperature.
The nozzle performance also seems to be related to the chamber temperature. As the
mixture ratio and thus the chamber temperature is increased, the nozzle appears to
perform better, which is expected as the original design is for a chamber temperature of
3000 K. The approximate adiabatic and non-adiabatic chamber temperatures calculated
using CEA for the hot runs shown are for a mixture ratio of 2.3, 3100 K and 2400 K, for
a mixture ratio of 2.0, 2700 K and 2300 K, and for a mixture ratio of 1.9, 2500 K and
2100 K. The cold flow results of run 767 are plotted along with the hot tests. While
gamma is different from 1.2 for this test, the effect on the ideal Cr curve is small
compared to the differences between the cold results and the curve.
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Figure 7-10: Ideal Cr as a function of nozzle area ratio and pressure for y = 1.2.
[Reproduced from Sutton]
Figure 7-10 is duplicated from Sutton. The values of Cr of this chart account for
separation in axisymmetric nozzles. The values for a nozzle of expansion ratio of 15 are
included in figure 7-8. Although the geometry of the microrocket engine nozzle is not
axisymmetric, the experimental results agree well with the values taken from this chart at
pressures up to 9 atm. The experimental thrust coefficient dips between 7 and 15 bar,
after which it recovers and follows the trend of the I-D model, but it does not reach the
fraction of the ideal value that the 5 and 7 bar results showed
7.6.1 Nozzle Flow CFD
Because the 2-D nozzle shows qualitative behavior much different than standard
axisymmetric nozzles, a 3-D representation of the nozzle geometry was implemented in
the Fluent, Computational Fluid Dynamics (CFD), code. Chamber pressures from the hot
run data were chosen. Chamber and nozzle flow properties calculated using CEA results
were used.
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The CFD calculated thrust coefficients are also shown in Figure 7-9. The trend of the
experimental results of Cr with chamber pressure can also be seen in the CFD
calculations. The calculated value is close to the axisymmetric separated flow values at
low pressures. Comparing the experimental results with the CFD calculations, it can be
seen that the trend is shifted to higher pressures for the calculations. At 13 bar the
experimental Cr is increasing while the calculated Cr is still falling. A possible
explanation for this is that the fabricated geometry and the modeled geometry are
different, and the complex flow patterns causing the shape of the Cr curve are caused by
the device geometry. For example, the nozzle fillet radius is not included in the CFD
model.
FiguresJ-Ll and 7-12 show contour plots of the CFD calculations at the exit plane of the
nozzle for a range of chamber pressures. The first two contours along with Figures 7-13
and 7-14 show that at low chamber pressures, the flow separates early in the nozzle and
flows axially out of the nozzle. This flow profile is similar to that expected for axially
symmetric nozzles [Sutton]. In axially symmetric nozzles, this pattern of flow continues
as chamber pressure is increased. The separation point moves farther aft in the nozzle,
but the flow pattern is similar. In the microrocket engine nozzle, however, the flow
pattern changes as the pressure is increased. The flow bifurcates as shown in the third
contour in figure 7-11, and in Figure 7-15. It should be noted that this bifurcation is a
stable state for the exhaust gas. As pressure is further increased, the highest Mach
number flow moves to the edges of the nozzle as shown in the 4th, 5th, and 6th contours in
Figure 7-11, and Figures 7-16 and 7-17. Finally, as the chamber pressure increases, the
nozzle flow becomes full as shown in the seventh contour in Figure 7-11 and Figure 7-18.
Figures 7-11 and 7-12 show two sources of loss of thrust for the microrocket engine
nozzle at low pressures compared to the ideal case. First, as seen in Figure 7-11, the flow
at the exit is not uniform. Second, Figure 7-12 and 7-11 combined shows for the
pressures at which the flow bifurcates, the highest velocity flow at the nozzle edges
(Figure 7-11) is not axial (Figure 7-12); it is approximately 20 degrees off axial.
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Figure 7-11: CFD Plots of Mach Number on the Exit Face for Chamber Pressures of
2.4, 4.9, 9.0, 13, 23, 28, and 70 bar. Mach scale is not constant. Scales are different for
each contour and can be found in Appendix G.
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Figure 7-12: CFD Plots of flow angle off axial on the exit face for chamber pressures of
2.4, 4.9, 9.0, 13, 23, 28, and 70 bar. High velocity flow at nozzle edges is 18-25 degress
off of axial for 13,23, and 28 bar chamber pressure cases.
Figures 7-13 through 7-17 show a series of contour plots of the CFD calculations and
images of firings for comparison. The calculations compare well with the experimental
results showing that the gross morphology of the flow is represented by the CFD
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calculations and indicating the sources of loss of thrust discussed above are valid. Figure
7-18 shows the CFD calculations for a case of70 bar demonstrating the full nozzle flow
and the more axial flow at the exit than in the low pressure cases.
The source of the flow profiles were not examined in detail because for the current work
the thrust coefficients at the intermediate chamber pressure states of the device are not the
primary concern. They are considered only to determine that if the pressure were
increased to the design pressure, the thrust coefficient would more closely match I-D
predictions. However, if one were interested in the performance of a non-vacuum exit
throttleable engine with a 2-D nozzle profile, this work demonstrates a method to
determine thrust at different operating conditions.
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Figure 7-13: CFD Mach number contour - Chamber Pressure 2.4 bar. Run 808 2.4 bar.
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Figure 7-14: CFD Mach number contour - Chamber Pressure 4.9 bar. Run 919 7 bar.
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Figure 7-15: CFD Mach number contour - Chamber Pressure 9.0 bar. Run 475.
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Figure 7-16: CFD Mach number contour - Chamber Pressure 13 bar. Run 919 13 bar.
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Figure 7-17: CFD Mach number contour - Chamber Pressure 23 bar. IR image of Run
89523 bar.
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Figure 7-18: CFD Mach number contour - Chamber Pressure 70 bar. Nozzle flow is
full compared to low pressure operation.
7.7 Specific Impulse
Specific impulse is effectively a measure of how effective a rocket is at using the weight
flow of propellants it expels in order to produce thrust. Experimentally it can be
determined from measured values and its definition as,
Ft; =-.-
mg
(7-22)
Also,
(7-23)
The specific impulse from the experiments is shown in Figures Figure 7-19 and Figure
7-20. Figure 7-19 compares the measured specific impulse to that expected with a nozzle
which performs as shown in the Sutton curve of Figure 7-9. Differences in the
experimental values and the calculated values range from within the experimental
uncertainty to 35 %. The lack of agreement of the experimental specific impulse and the
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calculated specific impulse at higher pressures is due more to the low values of the
experimental thrust coefficient for the reasons mentioned above than it is due to the value
of c*. The experimental points closest to the calculated numbers are for a mixture ratio
of 2.3, at which the nozzle performs better than in other tests. Also as mentioned above,
the nozzle performance is not as close to the ideal performance for pressures above 7 bar.
Specific impulse is closer to the calculated value at the lower pressures.
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Figure 7-19: Experimental specific impulse compared to calculated specific impulse
assuming theoretical Cr.
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Figure 7-20: Experimental specific impulse compared to calculated specific impulse
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Figure 7-20 is a plot of specific impulse compared to the value that would be expected for
the measured experimental thrust coefficient. As such, it is more a comparison of c* to
the calculated c*. Agreement with the non-adiabatic calculations is typically within the
upper limit of the uncertainty of the measurements.
If the maximum c* achieved in the experiments could be used with an ideal nozzle with
an area ratio of 15 expanding to vacuum (Cr = 1.8), a specific impulse of 303 seconds
would result.
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7.8 Summary
Experimental results have been presented in terms of pressure loss, heat loads,
characteristic exhaust velocity, thrust coefficient, and specific impulse. Comparison of
experimental data with pressure loss calculations indicate the channels of the device can
be modeled with typical turbulent and laminar flow correlations, and must be considered
in the device design. Comparison of heat load calculations and experimental results
indicate that heat conduction through the coolant passage support walls must be
considered for cases with low convective heat fluxes.
c* is near the ideal values for the higher chamber pressure runs, indicating that
combustion is nearly complete. The main difference in specific impulse from ideal 1-D
values is due to the thrust coefficient. CFD analysis indicates that the non-uniform and
non-axial nature of the flow in the non-axially symmetric nozzle for chamber pressures
below the design case causes this difference. The performance of the nozzle at the design
chamber pressure is expected to be within 5%-10% of the calculated I-D flow prediction.
Therefore, the non-axially symmetric nozzle, and the small size of the device should not
cause a large loss in performance for microrocket engines.
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CHAPTER 8
PERFORMANCE CAPABILITY OF THE
CURRENT DESIGN
Analysis was conducted to determine the performance capability of the as-fabricated
devices from Builds 4 to 10. These calculations indicate that a sea level thrust of 6-7 N at
a chamber pressure of 50-60 bar should be achievable. This performance is limited by
injector pressure drop, maximum coolant inlet pressure, and the structural limit of the
chamber walls.
8.1 Thrust and Specific Impulse
Figure 4-1 shows the predicted thrust and specific impulse as a function of chamber
pressure for as-fabricated devices from Builds 4 through 10. Two mixture ratios are
shown, 2.3 and 2.0. The design mixture ratio is 2.3. The 2.0 mixture ratio cases are
shown to illustrate how changing the run conditions of the devices impacts the expected
performance.
The c* used to generate these curves is based on experimental results presented in
Chapters 6 and 7. A value of 95% of the non-adiabatic c* is used. This is the mean
fraction of the non adiabatic c* observed in experiments at chamber pressures over 10
bar. The non-adiabatic c* is calculated as described in Chapter 7 is used. The heat
removed is assumed to be that required to keep the chamber walls at 900K.
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Thrust coefficients are also based on the experimental results presented in Chapter 7, and
are taken as 850/0of the value from Figure 7-4 for the 2.0 mixture ratio case and 90% of
the value from Figure 7-4 for the 2.3 mixture ratio case. Gamma is chosen from CEA
calculations as 1.2. Specific impulse is calculated as
F
I =c*C /g =-sp f .mg
(8.1)
and thrust is calculated as
F=Cf~At (8.2)
where a throat area of 0.86 mrrr' is used.
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Figure 8-1: Predicted sea level thrust (blue) and sea level specific impulse (gray) versus
chamber pressure for mixture ratios of2.3 (solid) and 2.0 (dashed).
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Figure 8-2: Predicted vacuum thrust (blue) and vacuum specific impulse (gray) versus
chamber pressure for mixture ratios of 2.3 (solid) and 2.0 (dashed). Thrust is the same
for both mixture ratios in the constant Cr vacuum exit pressure case.
8.2 Coolant Passage Pressure Drop
As chamber pressure rises, the heat load and maximum heat flux rise, so the required
coolant mass flow rises. The required pressure drop rises more than linearly with the
chamber pressure. The heat load is approximately proportional to the chamber pressure
of the device, and the required mass flow of coolant scales with the heat load. For a
given flow area of the coolant passages, and assuming a constant density, the velocity in
the coolant passages is proportional to the mass flow. In the turbulent flow regime, the
passage pressure drop is proportional to the velocity squared. The main source of
pressure drop in the device is in the throat region. In the side coolant passages the 11 um
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minimum coolant passage width is maintained for approximately 2 mm in the region of
the throat.
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Figure 8-3: Side coolant channel passage width along nozzle.
This Yields a heat transfer coefficient more than that required to maintain the hot side
wall temperature of 900 K over a relatively large distance. The high fluid velocity in this
region Yields a large pressure drop.
Figure 8-4 shows plots of required coolant channel pressure drop versus chamber
pressure based on the current geometry. The required pressure drop is found by
determining the coolant mass flow required to cool the walls to 900K for the current
geometry. The pressure drop is then calculated from this mass flow. The structural
design of the coolant passages has a limit of 300 bar. Keeping the coolant outlet pressure
above the critical pressure of ethanol, 63 bar, gives a pressure drop across the coolant
passages of237 bar. This limit is shown in the figures. The pressure limit of the coolant
passages should allow for operation of the device up to approximately 50 bar of chamber
pressure for a mixture ratio of2.3, and beyond 75 bar for a mixture ratio of2.0.
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Figure 8-4: Coolant passage pressure drop required as a function of chamber pressure.
The design structural limit is 300 bar or a pressure drop of 237 bar with a 63 bar outlet
pressure. The design pressure drop is 60 bar.
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The curve labeled "scaled experimental" assumes that pressure drop is proportional to the
squared velocity in the passage. The velocity is calculated from the mass flow required
to cool the walls to below 900 K. It is determined as described in chapter 7. The
reference mass flow versus pressure difference is determined from experimental results
for Run 925.
The curve shown for equation 7.5 is the integral of the calculated Colebrook pressure
drop [Colebrook], based on cold flow experimental results presented in chapter 6, and on
the local fluid properties in the channel. Again, the mass flow is the mass flow required
to cool the walls to below 900 K.
8.3 Injector Manifold Pressure Difference
Cold flow experimental results described in Chapter 6 demonstrate the importance of the
injector to chamber pressure difference. A failure believed to be caused by an excessive
pressure difference across the injector manifold was observed in a cold flow test article.
Figure 8-5 below shows the predicted injector manifold pressure drop required for a
given chamber pressure. The pressures are scaled from the injector pressures and mass
flow rates from the experiment, Run 895. For the current injector layout and
performance observed from experiments, the design value of injector manifold pressure
difference of 120 bar would be reached at a chamber pressure of approximately 47 bar.
Using the experimental failure value of 160 bar yields a maximum achievable chamber
pressure approximately 60 bar.
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Figure 8-5: Injector pressure drop versus chamber pressure. The design pressure
difference of 120bar is shown.
Reducing the run mixture ratio from 2.3 reduces the maximum heat flux and total heat
load. However, reducing the mixture ratio does not have a beneficial impact on the
injector manifold pressure difference. The maximum design pressure difference would
be reached at a chamber pressure of approximately 47 bar at a mixture ratio of 2.3 and at
44 bar for a mixture ratio of 2.0.
Enlarging the injector nozzles reduces the pressure difference across the injector
manifold section of the chamber wall. This was done for Builds 7, 8, and 9 based on the
results presented in Chapter 6. The injectors could be further widened before the design
pressure ratio of 2 between the chamber and injector manifold pressure is reached. The
pressure ratio of two was chosen in the design to ensure choked flow in the injectors to
prevent pressure communication between the propellant feeds and the chamber.
Changing the relative sizes of the methane and oxygen injectors would reduce the stress
in the chamber wall in this region if lower mixture ratio tests are to be conducted.
Currently the methane injector pressure difference is limiting when lower than design
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mixture ratios are selected to ease cooling requirements. Matching the injector sizes to a
new lower mixture ratio of 2.0 from 2.3 would allow an increase of approximately 4 bar
of chamber pressure from 44 bar to 48 bar. It would seem more advantageous to enlarge
both sets of injectors.
8.4 Chamber Pressure
The ultimate chamber pressure achievable will not only be limited by the stresses
associated with the pressures in the coolant passages and injector manifolds, but also by
the structural limit of the chamber itself. Cold pressure test experimental results indicate
a chamber pressure of at least 53-63 bar are achievable, yielding the performance shown
in Table 8-1. It is calculated above that the pressure loss and injector manifold pressure
differences will allow the same range of chamber pressure operation. Noonan has shown
that chamber strength can be improves by process modifications, and experiments
conducted as part of this work have shown the injector manifold strength to exceed the
design point. By limiting flaw introduction during processing it may be possible to
achieve the design pressures in the chamber, but the coolant flow requirements will still
limit the specific impulse of the device.
Table 8-1: Calculated pressure, specific impulse, thrust for limit of current design.
o/fratio 2.0 2.3
Pressure [bar] 53 63 53 63
ISPvac[s] 303 304 309 311
Tvac[N] 8.25 8.25 9.75 9.75
ISPsealevel[s] 216 220 235 240
Tsealevel[N] 5.75 7.25 6.0 7.5
The maximum thrust is currently limited by design and materials. At a mixture ratio of
2.3, the coolant channel pressure limit, the injector manifold pressure difference limit,
and the cold chamber pressure limit are reached. The coolant channel pressure can be
reduced by lowering the mixture ratio, as this reduces the chamber temperature and heat
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flux at the throat. Strengthening the chamber and reducing the pressure drop across the
injectors would allow higher chamber pressures and more thrust at reduced mixture
ratios; however; specific impulse falls as the mixture ratio and chamber temperature fall.
Increasing the chamber pressure at a fixed mixture ratio would increase the specific
impulse, but the effect is small at higher pressures as can be seen in figures 8-1 and 8-2.
The maximum specific impulse achievable is currently limited by the coolant flow
constraints. At higher mixture ratios and chamber temperatures, more coolant flow and a
higher coolant channel pressure drop are needed to maintain the throat wall temperature
at 900K. The current coolant pressure constraints are reached at a mixture ratio of 2.3
and a chamber pressure of60 bar.
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CHAPTER 9
REGENERATIVELY COOLED STORABLE
PROPELLANT MICROROCKET DESIGN
9.1 Introduction
This chapter presents an analysis of the design constraints for a storable propellant liquid
regeneratively cooled microrocket motor. Propellant choices are considered, and a final
design for a liquid nitrogen tetroxide/liquid JP-7 engine is presented. Suggestions to
improve the specific impulse of the device are then made.
9.2 Analysis of Propellant Choice
The first step in the analysis of the potential of a liquid micro-rocket motor is the
determination of which propellants will be used and the determination of the performance
constraints on the device.
Table 9-1 lists the properties of various propellants considered. The importance of key
properties will be demonstrated below. The liquid propellants considered in this work are
hydrogen peroxide, nitrogen tetroxide, and lP-7. Because of the desire for storable
propellants for use in orbital applications, cryogenic propellants such as liquid hydrogen
and liquid oxygen are not considered. Results of analysis conducted by Al-Midani
showed that liquid oxygen was not viable as an oxidizer for a silicon microturbopump
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system because there was no way to prevent vaporization before the fluid entered the
pump.
Table 9-1: Properties of propellants considered [Primex, FMC, Pillori, USAF, Kakac,
Barin].
Chemical
p [kg/L] Pc [atm] Tc [K] Tb [K]
Cp VP at 300 K
Formula [J/kg/K] [atm]
Fuels
Hydrazine N2H4 1.023 145 653.1 386.7 3690 0.0189
Ethanol C2H6O 0.780 62.8 515.8 351.5 2456 0.0775
JP-7 CH1.91 0.800 17.7 673 2093 0.136
Oxidizers
Nitrogen N204 1.440 100 431.4 294.4 3087 1.18Tetroxide
Hydrogen H202 1.443 214 730 422 2590 0.00658Peroxide
Hydrogen peroxide is a heavy (density of 1443 kg/rrr') clear liquid with a normal boiling
point of 422 K and a normal freezing point of273 K [FMC]. Hydrogen peroxide is used
in concentrations between 70% and 98% in rocket applications, with the rest being water
[McCormick] .
Short-term exposure to concentrated hydrogen peroxide and its vapors causes temporary
irritation of the skin and eyes. Prolonged exposure can have more severe and permanent
effects. Safety goggles and plastic or rubber shoes are required when handling
concentrated hydrogen peroxide. Clothing must be made of Dacron, Dynel, or Orlon, as
ordinary fabrics are apt to ignite when splashed with hydrogen peroxide [McCormick].
Pure concentrated hydrogen peroxide is generally more stable than dilute solutions
[Shell]. Materials suitable for storage include Pyrex glass, 1060 and 1260 aluminum,
tantalum, and zirconium. Ninety percent hydrogen peroxide has been stored for up to 3
years. Storage tests with ninety-eight percent hydrogen peroxide indicate storage through
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a five-year period is feasible [McCormick]. Care must be taken to ensure that the
hydrogen peroxide does not become contaminated. Properly stored hydrogen peroxide
typically decomposes at a rate of 1% per year. The tank must permit the decomposition
products to escape, and the tank must be monitored for an increase in temperature. If a
tank experiences a temperature increase due to decomposition of the hydrogen peroxide,
the contents must be disposed of immediately, because the decomposition rate increases
sharply with temperature [McCormick].
Hydrogen peroxide is a strong oxidizer and combines with silicon to form a thin layer of
Si02, much like nitrogen tetroxide. Short-term contact of hydrogen peroxide with silicon
is permitted, but should not exceed 4 hours at 344 K or 1 week at 294 K [Pillori]. High
temperature oxygen and steam (which are also the decomposition products of hydrogen
peroxide) are used to grow oxide layers, however. Testing will be necessary to determine
if hydrogen peroxide and silicon are compatible at high temperatures. Previous work
suggests that H202 will decompose at temperatures above 422K (350 F). Recent work
conducted by [Bernier] has shown that the useable range of hydrogen peroxide as a
coolant in stainless steel microtubing is limited by the inside wall temperature of the
coolant passage, that is the wall temperature in contact with the hydrogen peroxide. The
maximum allowable temperature for this region has been found to be the 422 K reported
in the references under different conditions. The ramifications of the limited ability of
hydrogen peroxide to act as a coolant are detailed later in this chapter.
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Figure 9-1: H202 experimental results showing failure with fluid and wall temperatures
near 422K. [Bernier] Failure point is at 880 s. The power curve shows power entering
the coolant through the tubing. An upper limit of the calculated inner wall temperature is
shown along with the calculated bulk temperature at the outlet. The IR reading
measurement does not register until the failure produces a fire.
9.2.2 Nitrogen Tetroxide
Nitrogen tetroxide (N204) is a heavy (density of 1440 kg/nr') reddish-brown liquid with a
normal boiling point of 294.35 K and a normal melting point of261.95 K [USAF].
Nitrogen tetroxide is insensitive to all types of mechanical shock and impact [USAF]. It
is mildly corrosive when pure, but forms strong acids when combined with moisture. It
has a high vapor pressure (1.18 atm at 300K) and its vapor combines with moisture in the
air. For this reason, it is highly corrosive to the eyes, skin, and the pulmonary tract.
Protective clothing for proper handling includes a full-face respirator, acid resistant
clothing and gloves, and a full face shield [Green].
Nitrogen tetroxide can be stored indefinitely in sealed containers made of compatible
material. Some compatible materials are Titanium, 321 Stainless Steel, Tantalum,
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tungsten, 3003 and 5052 Aluminum, anodized aluminum. Materials not compatible for
storage but compatible for short exposure times include Inconel, platinum, and tin
[USAF]. Materials that must be avoided include most other metals, water, bases and
organic material [Green, USAF].
Nitrogen tetroxide is a strong oxidizer. In contact with silicon, it reacts with the surface
and causes a thin layer of Si02 to grow. This layer serves as a strong diffusion barrier to
the oxygen and prevents more Si02 from being formed [Senturia]. Therefore, nitrogen
tetroxide and silicon are compatible at room temperature. Testing will be necessary to
determine if nitrogen tetroxide and silicon are compatible at high temperatures.
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JP-7 is a liquid hydrocarbon fuel developed for use in the J-58 turbojet, where its
endothermicity enables effective fuel cooling of bearings and other parts. It is favorable
as a rocket propellant because it does not coke, form solid carbonaceous deposits, as
much as other hydrocarbon fuels at high temperatures [Kerrebrock, 1999]. JP-7 can be
stored for extended periods of time and does not have serious handling limitations.
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Figure 9-2:Nitrogen tetroxide boiling point with pressure.
9.2.3 JP-7
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Work by Joppin [Joppin 2001] has led to a representation of JP-7 which can be used in
chemical equilibrium calculations. The mixture used to represent JP-7 is:
Table 9-2: JP-7 Chemical representation before and after endothermic decomposition
[Joppin].
Initial cornposit ion H2 3.0%
CH4 18.0%
C2HJ. 16.0%
C2H6 19.5%
C3H6 17.5%
C3Hs llJ.O%
C4Hs 7.0%
C4HtO 4.0%
Baseline final composit.ion H2 4.0%
CH4 28.0%
C2H4 llJ.O%
C2H6 18.5%
C3H6 16.5%
C3Hs 11.0%
C4Hs 4.0%
C4HtO 3.0%
Baseline conversion factor 50%
The initial and final compositions are the composition of the JP-7 before and after
undergoing endothermic decomposition at approximately 800 K. This composition is
used in later performance and product composition analysis, however, using this mixture
instead of JP-5 in these calculations leads to little change in the performance results
presented below with H202 and N204.
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9.3 Initial System Considerations - Propellant Combination
An initial study was conducted by the author to detennine the propellant choice [Protz
2000]. Plots of vacuum specific impulse for several propellant combinations are shown
below.
The propellant combination performance is determined through the use of the Computer
Program for Calculation of Complex Chemical Equilibrium Compositions and
Applications, CEA. CEA determines the chemical equilibrium point of the mixtures by
minimizing the Gibbs energy and determines the theoretical rocket perfonnance using
one-dimensional equations [Gordon and McBride]. Chemically frozen flow is assumed
during expansion through the nozzle. The parameters chosen are as follows:
Table 9-3: Chamber and Nozzle Parameters Used in Propellant Performance Analysis.
Chamber Pressure 125 atm
Chamber Area: Throat Area 16:1
Nozzle Area: Throat Area 15:1
Back Pressure Vacuum
Oxidizer Inlet Temperature 298.15 K
Fuel Inlet Temperature 298.15 K
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Mixture ratio increases in a clockwise sense.
In terms of specific impulse, the combination of hydrazine and nitrogen tetroxide is the
best followed by hydrazine and hydrogen peroxide. However, hydrazine is not examined
further as a propellant candidate in this work for the following reasons. First, hydrazine
decomposes exothermically under the action of a catalyst, and because of this property,
its ability to act as a coolant to the final coolant temperatures of ~700K required for the
microrocket engine is not known, and it is unlikely to be suitable. Second, hydrazine is a
silicon etchant. While the silicon could be protected by a barrier layer such as silicon
nitride layer, this process has not been demonstrated for applications in the microrocket
engine [Senturia]. In terms of specific impulse, hydrazine is superior to IP-7, but in the
regards listed above, it is not.
9.4 Additional Propellant Considerations
9.4.1 Decomposition and deposits
Decomposition of propellants causing the formation of solid deposits would have
negative implications for the operation and performance of the rocket. Deposits could
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clog the cooling passages or injectors. Also, deposits on the walls could decrease the
heat transfer, causing the wall temperature to increase. Decomposition and deposits is
mostly a concern when using hydrocarbons that have a tendency to crack and form non-
negligible amounts of carbon deposits.
9.4.2 Coolant Vaporization
Because the final propellant temperatures will be higher for small regneratively cooled
microrockets relative to large-scale rockets, the state of the propellant/coolant must be
taken into consideration. For a final coolant temperature of 700 K, the propellant will be
above the critical temperature for all the propellants considered except H202. Unless the
propellant pressure is also above the critical pressure, the propellants will therefore have
vaporized in the coolant passages.
9.4.2.1 Negative Effects of Boiling
Because the final propellant temperatures are higher in microdevices than on large-scale
rockets for the same chamber pressure and mixture ratio, there is a possibility that the
propellants will boil in the coolant passages. The higher coolant temperatures occur
because the mass flow of propellants/coolants falls faster than the total heat load required
to cool the device as the scale is decreased. In experiments conducted on Build 1
devices, the onset of boiling in the coolant passages and the associated changes in
pressure and flow in the coolant passages were believed to contribute to the failure of the
device [London]. Figure 9-5 shows a trace of coolant outlet pressure with time during the
firing of a Build 1 device. Oscillations in pressure of 4 bar can be observed.
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Figure 9-5: Experimental results believed to illustrate effect of coolant boiling on
coolant outlet pressure [London].
The nature of the cooling film in the coolant passages is an important factor in the forced
convective cooling of rocket devices. At least three types of film are important for the
current work. The first is the normal forced convection region, which has a liquid
boundary layer of predictable characteristics. In this region, the wall temperature is
typically below the boiling point of the coolant at the coolant passage pressure. If the
fluid is beyond the critical point, this predictable region extends, and the effects of
boiling described in the following two regimes are not encountered. The second regime
is characterized by nucleate boiling, which occurs when the wall temperature is 10 to 50
K larger than the local boiling point. Bubbles of vaporized fluid form at the wall, break
away, and travel to the cooler liquid where they collapse. The added turbulence and
boiling causes a substantial increase in the effective heat transfer rate over that predicted
without nucleate boiling. The third regime occurs as the heat flux is increased, and is
characterized by the formation of an unstable gas film at the wall of the coolant passages.
The film is present when the bubble size and bubble generation rate is so rapid that the
bubbles do not have time to escape from the wall region into the cooler flow. This film
acts as an insulator, causing a decrease in heat flux, and an increase in wall temperature
leading to burnout or melting of the wall material. Of course, the formation of a gas layer
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in the coolant passages is certain to occur if the coolant bulk temperature is permitted to
exceed its local boiling point. [Sutton]
9.4.2.2 Boilillg
9.4.2.2.1 H202 Boiling
Boiling in hydrogen peroxide passages for a system running this oxidizer will be avoided.
This is because the limit of the stability of the peroxide has been found to be at its normal
boiling point. The peroxide cannot be used as coolant to any higher temperatures, so the
design will only allow for it to reach the normal boiling temperature.
9.4.2.2.2 N204 Boiling
Because nitrogen tetroxide has a low vapor pressure and a low critical temperature (430
K), if nitrogen tetroxide is used as a coolant, bulk boiling in the coolant passages is
almost certain to occur at pressures below the critical pressure of 100 bar. Figure 9-6
shows the estimated final coolant temperature of a system utilizing nitrogen tetroxide as a
lone coolant. A pressure ratio of 2 is assumed across the injectors. This puts the end of
the boiling curve at 50 bar of chamber pressure or 100 bar of coolant passage exit
pressure.
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9.5 Supercritical Fluids Behavior
Due to the very high heat loads, heat fluxes, and pressures in the micro rocket engine,
most propellants used as coolants will act as supercritical fluids. A supercritical fluid is a
fluid above its critical point. A critical point is defined by a critical temperature and
pressure, specific to a particular fluid. The critical pressure is the pressure needed to
condense the fluid to a liquid at the critical temperature. The critical pressure is that
pressure above which no liquid-vapor transition occurs at any temperature. As pressure
is reduced to Pcrit.s a liquid phase first appears at the simple temperature, Tcrih and at
lower pressures, a range of temperature exists between the saturated liquid temperature
and the saturated vapor temperature. Below the critical temperature, the gas is a
condensable vapor. Above the critical temperature, the gas cannot be condensed to a
liquid no matter how much pressure is applied to the substance.
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Figure 9-7: Typical pressure-temperature diagram showing critical point.
Supercritical fluids have physiochemical properties between those of liquids and gases.
In a supercritical state, there is not a phase transition between liquid and vapor. The
density, diffusivity, and viscosity of supercritical fluids are closer to those of gases, while
the solubility of supercritical fluids is closer to that of liquids.
Supercritical fluids have unique characteristics. They experience rapid changes in fluid
properties in the region of their critical point when subjected to small variations in
temperature. When approaching critical point conditions, density, viscosity, and
conductivity decrease sharply. The specific heat of the fluid reaches a peak near the
critical point. The temperature where Cp reaches a maximum is called the pseudo-critical
temperature and is typically slightly above the critical temperature. Fluids near the
critical point provide increased cooling capacity. Also at supercritical conditions,
viscosity decreases so turbulence increases, leading to a higher heat transfer coefficient of
the fluid.
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Variations in fluid properties near the critical point are dependent on temperature and
pressure. When the pressure is raised above the critical pressure, variations in density
and viscosity are less drastic. At pressures above the critical pressure, the amplitude of
the peak of Cp is smaller and as the pseudo-critical temperature increases, the Cp peak
widens. Also as pressure is raised above the critical pressure, the supercritical
enhancement of heat transfer occurs at higher temperatures and is less drastic.
9.6 Microrocket Engine Performance Limitations
A study was conducted by London as part of his Ph.D. thesis [London 2000] to determine
the performance envelope of these devices. Since the completion of this work,
experimental results have suggested three modifications in choosing a propellant and a
design point for the liquid device. First, experimental results of hydrogen peroxide as a
coolant in stainless steel microtubing have suggested that hydrogen peroxide cannot be
used above 422K (I50°C) [Bernier]. This changes the total heat load that will be
absorbed by the propellants in cooling the walls of the device. Second, in the initial
analysis of the device performance limits, the pressure drop in the coolant passages was
assumed to be a fixed multiple of the device chamber pressure regardless of size of the
device and propellant used. Experimental results have shown that a more accurate
representation of the pressure drop must be taken into consideration. Finally, depending
on the propellant choice, the flows may not be supercritical at the maximum allowable
chamber pressure presenting the possibility of boiling in the coolant passages.
One major conclusion of London's modeling work was that performance of micro rockets
in terms of specific impulse and chamber pressure was limited by two major factors. The
first was the total heat capacity of the coolants, as the heat to be removed per unit mass
flow rises with decreasing size, as well as with decreasing chamber pressure. The second
factor is the heat flux at the throat of the device. As chamber pressure is increased, the
throat heat flux required to meet the material constraints in terms of temperature
increases to a point where the required inside wall temperature of the coolant passages is
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below the coolant bulk temperature, and heat flow from the walls into the coolant would
be impossible.
9.6.1 Liquid System Performance and Limitations
9.6.1.1 Mixture Ratio
In the analysis below, it should be noted that there are usually two mixture ratios
associated with each limit. This is because the Isp or chamber temperature curves are
concave down with respect to mixture ratio. Moving in either direction can bring the
results within the constraints presented. The results are linked to chamber temperature
and are shown in Figure 9-4. It can be seen that the slope of the Isp versus chamber
temperature plot is less on the fuel rich side than on the oxidizer rich side. Because Isp is
a function of exhaust velocity, lower molecular weight products are more favorable than
higher molecular weight products. Therefore, for these propellants, although the
stoichiometric mixture ratio yields the highest chamber temperature, the specific impulse
is maximized by running fuel rich. Increasing the mixture ratio slightly from the specific
impulse maximizing point reduces specific impulse and increases chamber temperature as
the mixture ratio is closer to stoichiometric. Because the cooling constraints presented
here are easier to meet with a lower chamber temperature, the mixture ratio that yields the
smaller chamber temperature (the fuel-rich mixture ratio) is favorable.
9.6.1.2 Filial Propellant Temperature
The general layout (length, height, chamber width, and throat dimensions) from the
redesigned device is used in the following analysis. Figure 9-8 shows a plot of the final
propellant temperature variations with chamber pressure and mixture ratio for the
nitrogen tetroxide/JP-7 system. A representative specific impulse for each mixture ratio
at 50 bar of chamber pressure is shown. Specific impulse increases with chamber
pressure, however this dependence is very weak. The amount of heat removal required to
maintain a wall temperature of 900 K is calculated and added to the coolant flow.
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Regions where the coolant final temperature is above 900 K are unobtainable, as the
coolant can no longer cool the walls to 900 K.
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Figure 9-8: N20JJP-7 final coolant temperature versus chamber pressure. Both
propellants are used as coolants and heated to the same final temperature. Specific
impulse for each mixture ratio at 50 bar chamber pressure is shown.
9.6.1.3 Regenerative Cooling
Compared to a device with separate cooling and propellant circuits, a regeneratively
cooled device requires an additional level of analysis. Because the coolant flow can be
independently controlled in the former case, at low operating pressures, coolant mass
flow can be greater than propellant mass flow. Thus, a device with separate cooling
passages can be designed and built for the designed maximum chamber pressure, and can
be overcooled for testing at lower pressures. In a fully regenerative design, the coolant
mass flow must match the propellant mass flow at all times. Figure 9-8 shows that the
device does not have enough cooling capacity in the propellants to run steady-state at low
pressures. If the start times for an overall system are short enough, the heat capacity of
the passage and outer walls would allow the start without overheating the device. If they
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are not, one solution to this is to vary the mixture ratio and therefore heat load as a
function of chamber pressure as the device is started. If only one propellant is used as the
coolant, start-up in this method could be implemented. However for a system that
utilizes both propellants as coolants, varying the mixture ratio will change the relative
coolant flows through each set of passages. Another solution that would avoid this
complication would be to vent a portion of the propellant during start. More propellant
would be used as coolant than would enter the chamber.
Figure 9-8 shows propellant temperature dropping as chamber pressure is increased. A
key conclusion is that the regenerative device cannot be designed at the maximum
allowable wall temperature at the designed maximum chamber pressure, unless all the
intermediate pressures can by passed through before the walls overheat. A device
designed in this manner could not run in steady-state at chamber pressures below the
designed maximum at wall temperatures lower than the design point.
9.6.1.4 Top wall throat coolant passage "eight
It is found that approximately 40% of the required heat removal comes from the side
walls, with the remaining coming from the top and bottom walls. In the calculations that
follow, it is assumed that 40% of the coolant is used in the side passages with the
remaining used in the top and bottom passages. A bulk coolant temperature of 350 K at
the throat is assumed in these calculations. The required top wall coolant passage height
to cool the throat to 900 K is determined and shown in Figure 9-9 for several mixture
ratios. The effect of this passage height on pressure loss in the top coolant passages is
shown in Figure 9-10.
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Figure 9-9: Top wall coolant passage height. Mixture ratio and specific impulse increase
downward. Mixture ratios are (2.0, 2.5, 3.0, 3.4, 3.6, and 4.0)
9.6.1.5 Coolant Channel Pressure Loss
Because of the uncertainty of calculating coolant passage pressure drops without the full
design of the coolant passages, two methods are used to determine a range of coolant
passage pressure drops. While not necessarily providing the exact coolant pressure drop
for every run design condition, the analysis will demonstrate the important trends of
performance and pressure drop.
In the first case, the throat pressure drop friction factor is applied across 0.0345 mm of
axial distance at the throat. Based on calculations solving for the pressure drop required
to keep the walls below 900 K across a range of pressures from 25 to 100 bar in the
current gaseous motor design, the drop across this section of the rocket is approximately
6% of the total device pressure drop. In this subsection of the model, total required
pressure drop is found by multiplying the required pressure drop at the throat by 100/6.
This is shown on the left side of Figure 9-10.
A second estimate of the pressure drop is found by applying the throat friction factor to
the coolant channels for 2 mm of length. Most of the pressure drop occurs in this region,
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and applying the drop across 2 mm of length should give an upper estimate of the
pressure drop. In both cases, the top coolant passage hydraulic diameter required to keep
the throat hot side walls below 900 K is used. This is shown on the right side of Figure
9-10.
A pressure ratio of 2.0 across the injectors is used, giving a coolant outlet pressure twice
the chamber pressure.
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Figure 9-10: N20JIP-7 propellant inlet pressure versus chamber pressure. Mixture ratio
and specific impulse increases from right to left. Mixture ratios are (2.0, 2.5, 3.0, 3.4,
3.6, and 4.0). The right hand plot is a more conservative estimate discussed in section
9.6.1.5
It is shown above that coolant channel pressure drop becomes an important performance-
limiting factor in microrocket engines. In order to increase the chamber pressure for a
fixed throat area, the mass flow must be increased. The heat flux from the hot side of the
device required to keep the throat wall temperature at 900 K increases as the chamber
pressure or mass flow is increased. The mass flow of coolant in the coolant passages
increases as well. The combination of a requirement for a smaller throat coolant passage
width and the resulting increase in mass flow yield an increasing coolant velocity at the
throat. As the velocity increases, the pressure drop in the throat increases at a rate faster
than the chamber pressure. Eventually, as Isp or chamber pressure is increased, the
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required coolant inlet pressure exceeds the allowable level set by the passage wall
thickness. Increasing the wall thickness would allow a higher coolant channel pressure,
however, this would force a lower cold side wall temperature, and require a reduced
passage width, and therefore force a larger pressure drop.
Figure 9-10 shows the importance of the pressure drop limit at higher performance levels.
First in terms of chamber pressure, because the curves are concave up, a percentage
change in chamber pressure results in a higher percentage change in passage pressure
drop. Second, the pressure drop is sensitive to the mixture ratio chosen. At a mixture
ratio of 4.0, close to the Isp maximizing mixture ratio, the maximum coolant passage
pressure of300 bar is reached for a chamber pressure of only 30 bar.
The pressure drop limitation serves as the upper limit to the performance of the device.
Both increasing chamber pressure and increasing specific impulse (through mixture ratio)
increase the required coolant channel pressure drop.
This analysis shows the necessity of incorporating heat transfer enhancing features into
the top coolant passages as is done in the side passages. While pins were added in the
original gaseous motor design to increase the heat transfer coefficient at the throat, the
pressure drop associated with these features was not explicitly accounted for.
Experimental results as well as pressure loss correlations found in Armstrong indicate
that while the pins design utilized in Build 1 increased the heat transfer rate, it did not
allow a significant change in pressure drop compared to designing the passages without
the pins. For this reason, turbulators as used in the side coolant passages are incorporated
in the design of the top wall passages presented here.
9.6.1.6 Cold Side Wall Temperature at tile Throat
Figure 9-11 shows the cold side wall temperature at the throat top wall coolant passages.
As the bulk coolant temperature is expected to be below 400 K at this location, mixture
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ratios and pressures resulting in a cold side temperature below that of the coolant in this
region are unobtainable.
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Figure 9-11: Top wall cold side wall temperature versus chamber pressure. Mixture ratio
and specific impulse increases downward. Mixture ratios are (2.0, 2.5, 3.0, 3.4, 3.6, and
4.0)
9.6.1.7 Side Coolant Passage Width at Throat
Figure 9-12 shows the required side coolant passage width at the throat as a function of
mixture ratio and chamber pressure. A bulk coolant temperature of 350 K at the throat is
assumed in these calculations. As the minimum fabricatable feature size for this passage
is held to 10 urn, conditions resulting in a coolant passage width smaller than this are
unobtainable. For a chamber pressure of approximately 60 bar, mixture ratios below 3.4
and above 9.0 are permitted,
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Figure 9-12: Side wall coolant passage width at throat versus chamber pressure. Heat
transfer enhancing fins are included. Isp peaks near off of 4.0.
9.6.1.8 Pump outlet pressure
If the device is run as an expander cycle, the maximum pump outlet pressure available
will be determined by the amount of heat removed by the propellants. Initial calculations
performed by London suggested that enough heat would be available to drive the
turbopumps. However, the inclusion of a more accurate pressure loss calculation and
experimental results and modeling that show turbopump efficiencies will be of order of
0.5 for each of the pumps and turbines may indicate that the pump outlet pressure limit
will come into effect for an overall system design. Further, if the coolant passage
pressure does not exceed the critical pressure of the propellant, and the device is designed
to prevent boiling in the coolant passages, the device cannot be run on the expander
cycle. The pump outlet pressure limit is not expanded on in this work, but the results
presented here can be used to determine the feasible system design space for an eventual
turbopump fed system.
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It is worth noting that the propensity for hydrogen peroxide to exothermically decompose
is considered as a hindrance to the performance of the thrust chamber, but this property
could be used advantageously in a system design, as proposed in Protz [Protz 2000]. The
enthalpy released in the decomposition is much greater than that absorbed by the
propellants and would allow higher pump outlet pressures than under the expander cycle.
9.6.1.9 Chamber residence time
The initial design of the microrocket called for pure oxygen as the oxidizer propellant.
Analysis was conducted by Al-Midani to determine the residence time necessary for the
fluid mixture to achieve combustion equilibrium using ethanol and oxygen as propellants.
His analysis showed a reaction time limit of approximately lxl0-6 s. The current device
is designed to operate with storable propellants, and it is expected that the reaction time
will be larger with these propellants than with oxygen.
In order to evaluate the reaction time required for the fluid mixture to achieve combustion
equilibrium, a perfectly stirred reactor (PSR) model is used. The model assumes the flow
is perfectly mixed and therefore only considers the combustion chemical kinetics. The
PSR function of the Chemkin software package was used [Glarborg et all, [Key et all. It
uses reaction rates to determine the combustion equilibrium for different flow residence
times by solving species and energy conservation equations. JP-I0 was used as a
surrogate fuel for JP-7 in the analysis of the model with N204 as an oxidizer. Chemical
mechanisms for JP-l 0 with oxygen and various mechanisms involving NO and N02 were
incorporated as found [Li] and [Hughes]. Validation of a mechanism for JP-I0 reacting
with N02would require experimentation.
The results indicate that complete combustion requires approximately 1x 10-4 seconds for
the mixture ratio of 3.4, while only 2xl0-5 s is required for a mixture ratio of 10.0 for an
adiabatic chamber. These mixture ratios are the two limits based on heat flux and
minimum feature size from above. For a chamber with a heat loss of 1800 W, the
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required time went to 3.7x10-5 at a mixture ratio of 10. A residence time greater than
1.8x10-4 is required for the mixture ratio of3.4 case with heat loss of 1800 W.
Given a chamber density of approximately 3.8 kg/nr' at 60 atm, a mass flow of 2.6 g/s
and a chamber volume of 61 mrrr', the chamber residence time can be estimated as
pV _
rc = -. s. ~ 1x10 4 s
m
(9-1)
As both density and mass flow scale nearly linearly with chamber pressure, the residence
time is nearly constant as a function of chamber pressure. For a fixed chamber volume,
the residence time can be increased by decreasing the throat area while holding the mass
flow constant. However this would imply an increased chamber pressure to mass flow
ratio, which leads to an increased final propellant temperature and a reduced side wall
coolant passage width at every chamber pressure. Increasing the chamber volume at
fixed throat area would also increase the residence time, however, the extra chamber wall
area would have to be cooled, increasing the final propellant temperature.
The mixture ratio of 3.4 yields a reaction time very near the residence time in the
chamber. No time is allowed time for mixing of the propellants and incomplete
combustion is the likely result.
The PSR results suggest running a microrocket engine of this scale utilizing lP-7 and
N204 oxidizer rich in order for the chemical reaction to proceed rapidly enough for
complete combustion to occur. Typical existing rockets do not run oxidizer rich for two
reasons. The first has been discussed with regards to performance. Fuel rich mixture
ratios typically yield performance greater than oxidizer rich mixtures for the same
combustion temperature. This is not an issue if the device cannot be run at the higher
performance levels because the reaction is too slow. The second reason is that
combustion chamber materials are typically combustible. Oxidizer rich combinations
leave unused oxygen at high temperatures in the products, and can cause ignition of the
228
chamber material. The microrocket engine has an advantage in this regard in that it is
constructed from single crystal silicon. While silicon reacts with oxygen to produce
silicon dioxide, this layer of Si02 is a strong diffusion barrier to oxygen and prevents the
further oxidation of silicon. The rate of growth of silicon dioxide can be evaluated using
the Deal-Grove model of oxidation,
(9-2)
t2 a + Atar=---~
B
(9-3)
Because the combustion products include water, wet oxidation must be considered. A
and B can be estimated via extrapolation to pressures of 60 atm from charts presented for
oxidation in steam found in Campbell. Taking a conservative estimate of B as 10 J..lm2/hr,
A as 2 um/hr and to as 0.1 um, and applying over a run time of 120 seconds at
approximately 1000K (the walls must be cooled to 900K), yields approximately 0.25 urn
of oxide. Therefore, silicon microrocket engines can be run oxidizer rich.
9.6.1.10 Nitrogen Tetroxide/JP-7 System Limitations Summary
The design chamber pressure is chosen as 60 atm based on Figure 9-12. The maximum
specific impulse on either the fuel rich or oxidizer rich mixture ratio is limited by the side
coolant passage width limit to this chamber pressure. The specific impulse limit of ",270
s is caused by the residence time constraint. This constraint forces the device to be
designed oxidizer rich, which increases the heat load to the coolant for a given specific
impulse.
9.6.2 H20vJP-7 System
This section presents the above analysis for a system using H202 as the oxidizer.
229
A design operating at a mixture ratio of 2.0 is chosen for the hydrogen peroxide and lP-7
system. This yields performance of approximately 270 s of specific impulse. The low
mixture ratio is primarily due to the bulk coolant temperature limitation, as H202 cannot
be used effectively as a coolant beyond 422 K. While the exothermic decomposition of
hydrogen peroxide makes coolant passage design more complicated, it is advantageous in
terms of combustion. Most propellant combinations are subject to flammability limits of
mixture ratios roughly between 0.5 and 2 times the stoichiometric mixture ratio (blowout
in the gaseous motor experiments occurred at an equivalence ratio of '" 2.5 at a chamber
pressure of 7 bar. The exothermic decomposition of hydrogen peroxide releases enough
heat to make its products hypergolic with kerosene, and presumably lP-7, and should
allow a wider range of mixture ratios to undergo combustion [Spadaccini].
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Figure 9-13: Final lP-7 Temperature for a H202/JP-7 system. The final H202
temperature is fixed at 422 K. Specific impulse at 50 bar is shown.
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Initial calculations to determine the operating space for a JP-7lhydrogen peroxide device
assumed that the bulk temperature of the hydrogen peroxide would not exceed 422 K.
Figure 9-13 shows a plot of final propellant temperature assuming the hydrogen peroxide
can be used to cool part of the device. Later experimental results by Bernier determined
that the hydrogen peroxide limiting temperature is the cold side wall temperature, not the
bulk temperature.
Reducing the mixture ratio is advantageous for this system for two reasons. First, as the
mixture ratio is reduced, the total heat load falls. Second, for a system that is limited by
the oxidizer cooling capability, reducing the mixture ratio leaves relatively more fuel to
cool with. However, performance falls with reduced mixture ratios.
Theoretically the peroxide can cool part of the nozzle still, however, in order for the cold
side wall temperature to be below 422 K, either the hot side wall temperature must be
greatly reduced or the coolant passage walls must be thickened to provide a larger
temperature drop between the hot side and the cold side walls. In the first case, more
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enthalpy must be extracted from the hot flow as the heat flux is in part determined by the
temperature difference between the adiabatic wall temperature and the hot side wall
temperature. For an adiabatic wall temperature of 2000 K, changing the wall temperature
from 900 K to 422 K would result in an approximate increase of heat flow to the
hydrogen peroxide of 50%. In the second alternative, the coolant passage wall thickness
must increase by a factor similar to the factor by which the temperature drop across the
wall changes. In the nozzle section, the temperature drop is on the order of 50K for 900K
walls. To increase this difference to 900 K - 422 K is almost a factor of 10. The coolant
passage walls would have to go from approximately 100 J.1mto 1 mm. While this may be
feasible in the side passages, on the top and bottom passages, it would complicate
fabrication greatly by forcing two different wall thicknesses, the larger of which would be
as large as the thickest wafers used in the current design.
Figure 9-15 shows predicted cold side wall temperatures for hydrogen peroxide were it to
cool the top and bottom walls of the nozzle for passage heights of 7, 8, and 9 J.1m. A
difference of 2 J.1min passage depth results in a wall temperature difference of 12 K, and
a change in pressure drop from 60 bar to 125 bar. The final peroxide temperature is 394
K for the 8 J.1mcase. An error in overestimating the heat transfer coefficients would
mean the bulk temperature of the peroxide would exceed 422 K at the exit, while an
underestimate would mean the cold side wall temperature would exceed 422 K.
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Figure 9-15: Nozzle wall temperature using H202 as coolant for three coolant channel
etch depths.
One design option is to utilize only IP-7 as the coolant for the entire device. While it
seems feasible to use hydrogen peroxide also, the nature of the exothermic decomposition
combined with the sensitivity of the peroxide and cold side wall temperatures to
fabrication and heat transfer calculations indicate that there would be much less margin
for error.
233
9.6.2.1 Coolant Channel Width and Pressure Drop
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Figure 9-16: Side coolant passage width for JP-7 Passages for H202/JP-7 System. Isp
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Figure 9-16 shows the estimated side coolant passage width required for this case. It can
be seen that the fabrication width limits are not a major concern for the mixture ratios
permitted by the coolant heat load. Figure 9-17 shows the estimated pressure drop in the
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coolant passages. It can be also seen that the pressure drop is not a major concern for the
relatively low mixtures ratios which are the only mixture ratios permitted by the cooling
constraints.
Figure 9-18 shows the cold side wall temperature of the coolant passages. It can be seen
that for most mixture ratios, the cold side wall temperature is above the 400 K coolant
bulk temperature at the throat. The cold side wall temperature is a result of the throat
heat flux. This heat flux limits the device performance through the coolant passage width
and associated pressure drop discussed above rather than through the cold side wall
temperature.
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Figure 9-18: Cold Side Coolant Wall Temperature at the Throat. Cooling is impossible
if the cold side wall temperature is below the throat bulk coolant temperature of --400K.
9.6.2.2 Hydrogen Peroxide Thermal Management
Finally, given the results from the experiments of Bernier, and the discussion in section
9.6.3, it becomes apparent that thermal management becomes a problem with the use of
hydrogen peroxide. While this is true in any size or material device used with hydrogen
peroxide, given the high thermal conductivity of silicon and the small size of the device it
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is even more difficult in the microrocket engine. It is expected that the bulk wall of the
device will be 700K. Routing the hydrogen peroxide from the feeds to the injectors
without reaching 422K anywhere along the path in either the fluid or the wall and
initiating exothermic decomposition would pose a significant challenge.
9.6.2.3 Hydrogen Peroxide/JP-7 System Limitations Summary
The basic limit to the performance of the hydrogen peroxide/JP-7 system is caused by the
constraint applied to the hydrogen peroxide final temperature. It can be seen in Figure 9-
14 that at low mixture ratios, the heat load curve is quite flat with chamber pressure. The
maximum achievable specific impulse is limited by the heat load only for chamber
pressures on the range examined here (up to 180 bar). At low mixture ratios, the heat
fluxes at the throat are not large enough to cause the side coolant fabrication limit
constraint or coolant passage pressure constraint to be reached. Two possibilities
allowing increased performance of this system are discussed below in section 9.8. They
are increasing the size of the device, and using hydrogen peroxide as a coolant under the
assumption that it can reach higher temperatures, without decomposing, in a material
other than stainless steel.
9.6.3 Baseline Liquid Motor Design Point
From the propellants examined, JP-7 and nitrogen tetroxide are chosen as the propellant
combination for further development, and a design for steady state operation at a mixture
ratio of 10.0 and chamber pressure of 60 bar is presented. Hydrogen peroxide is not
selected as an oxidizer because of the limited performance of the system due to the fact
that hydrogen peroxide does not appear to be an effective coolant for rocket engines at
this scale assuming extrapolation from results in stainless steel can be applied to Si02
walls, and because of the issues associated with thermal management of the hydrogen
peroxide.
JP-7 is chosen as a fuel because its performance with nitrogen tetroxide is relatively high,
and because its anti-coking properties are favorable for a propellant flowing through
passages of order 10 urn. Experiments conducted by Joppin have taken JP-7 beyond the
critical point to temperatures above 800K and left no signs of coking [Joppin].
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The above analysis was conducted for a zero risk fabrication process, that is, one
requiring no modifications from what has been demonstrated. A design for the JP-7
device at a mixture ratio of 10, a chamber pressure of 60 bar, and a vacuum specific
impulse of 267 s is presented in the next section. Section 9.10 focuses on methods for the
improvement of specific impulse in the device.
9.7 JP-71N204 Device Design
9.7.1 General Layout
The general guideline followed in the design of the liquid motor is to keep the fabrication
changes to a minimum. This is a programmatic constraint based on experience from this
project and from the MITIDARPA micro gas turbine engine has shown that fabrication
process development can become a very time consuming task. Even minor changes in
the fabrication process can cause new failure modes in the process. The failure analysis
presented in Chapter 3 has provided a design that has not been tested to its limits.
Developing an entirely new process does not seem prudent based on these results.
Therefore, the general layout of the redesigned device from Chapter 2 serves as the basis
for the fabrication process and layout of the liquid motor. This design is consistent with
demonstrated fabrication technology, and in that regard it is a zero fabrication-risk
design. A mixture ratio of 10 by mass is chosen, this is an equivalence ratio of 1.8,
yielding a vacuum specific impulse at the 60 bar design pressure of 267 seconds.
Possible paths to increased specific impulse are discussed below.
9.7.2 Structural Design
Because the general layout of the device and the fabrication process is kept similar to that
of the redesigned gaseous device, and because the overall constraints on stress and wall
temperature are maintained, the basis of the structural design is the analysis presented in
Chapter 3. Coolant passage wall thicknesses and chamber wall thicknesses are kept the
same, while the coolant flow is designed to maintain the coolant walls at < 900 K.
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9.7.3 Coolant Passage Design
Because the combustion temperature at design is approximately 3000 K, and silicon
begins to lose strength at approximately 950K, the chamber walls of the device must be
cooled. As discussed earlier in this chapter, the propellants are shown to have enough
heat capacity to cool the chamber walls to the design level of 900K with an operating
mixture ratio of 10 or greater or 3 or less. The vacuum specific impulse at the 10
condition is 267 seconds. This section presents the physical design of the coolant
passages to achieve the required local heat transfer rates to maintain the 900 K wall
temperature.
9.7.3.1 Top Wall
The coolant passages of the top wall are broken into 4 regions. They are the inlet, the
throat region, the chamber regions, and the nozzle region. Coolant enters the device
approximately 1 mm aft of the throat and flows toward the chamber. In order to provide
the required heat transfer coefficient at the throat, coolant passage ribs are added on the
coolant passage wall as in the side coolant passages. For the chamber region, fins of
varying width are employed to achieve the required heat transfer coefficient. After
flowing through the chamber section, the flow then exits the top of the chamber and
returns to cool the nozzle section of the device. Fins are not required in this region.
Figure 9-19 shows the final design heat transfer coefficients along with the required heat
transfer coefficient to maintain a wall temperature of 900K. The increase in heat transfer
coefficient as the flow exits the throat section occurs as the temperature of the coolant
passes through its critical point.
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Figure 9-19: Top wall heat transfer coefficient versus that required for 900 K walls.
9.7.3.2 Side Wall
The side wall coolant passages are designed in the same manner as the top wall passages.
While fins are used in the chamber section to increase the heat transfer area and to
provide blockage, this is unnecessary in the side passages, because the width of the side
wall can be varied along the flow path. The side wall is designed to receive less than half
of the total N204 flow. Because the throat aspect ratio is 3, the side coolant effectively
cools more area at the throat (the highest heat flux region) than the top passages. Simply
reducing the side passage width to achieve the required heat transfer coefficient would
result in a coolant passage width < 8 J1m. Instead, fins are placed in the side coolant
passages to increase the local heat transfer coefficient.
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JP-7
Figure 9-20: View of throat cooling passages. JP-7 is used in the lower left coolant
passage. Nitrogen tetroxide is used elsewhere.
Figure 9-21 shows the heat transfer coefficients of the design versus that required to keep
the walls at 900K. The 4 regions of the figure are the coolant inlet, the throat region
(including fins), the chamber region, and the nozzle region. The heat transfer coefficient
at the throat increases as the coolant passes through its critical temperature.
The pressure drop in the nitrogen tetroxide passages is calculated to be 85 bar in both the
top and side passages. To ensure the flows match at the desired split fraction between top
and side walls, the throat width of the side passages is reduced slightly below that
required to meet the heat transfer constraints. 150 bar of pressure loss is expected in the
side passage containing the JP-7. The higher pressure loss in the JP-7 passage occurs
because the flow is designed to remove enough heat to cause the fluid to become
supercritical.
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Given that the original device design separates the port and starboard sides of the device,
because JP-7 is used in one side coolant passage on the port side of the device, more
N204 flow would flow through the right hand side oxidizer injectors and no flow would
occur in the starboard fuel injectors. For this reason, the oxidizer injector manifolds are
connected at the interface of wafers 2 and 3, while the fuel manifolds are connected at the
interface of wafers 4 and 5.
9.7.4 Injector Design
The basic injector layout from the gaseous motor is maintained. Injectors in the gaseous
motor were designed for choked flow. This decouples the chamber pressure and any
instability in this pressure from the propellant feed system. In the current design, choked
flow is desired at the design point, also. However, the propellants of the current design
are not room temperature gases, but room temperature liquids, and at the design point,
they will be supercritical fluids. Injection of supercritical propellants can be treated as
injection of a "dense gas" [Ierardo] and time for droplet evaporation is not required as the
enthalpy of vaporization goes to zero as the critical point is approached, and is zero
beyond the critical point.
Above the critical point, and particularly near it, supercritical fluids do not obey the ideal
gas law, which is the basis for the standard isentropic choked flow relations used in
Chapter 6. Instead, the choked flow condition must be recalculated at each temperature
and pressure from the definition of the critical mass velocity (here critical refers to the
sonic condition, not to the fluid properties), which is found as in Leung by maximizing:
G = [2(ho - h)] 2 P (9-4)
subject to the constraint of constant entropy,
8 -8=0o (9-5)
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That is, the choked flow condition occurs when reducing the pressure at the outlet of the
injector no longer increased the mass velocity. Flow across the injectors is found in the
same manner when not choked by solving equation (9-4) subject to (9-5) without
maximizing. If the internal injector pressure determined is greater than the choked flow
pressure, the flow is not choked. If the solution results in an internal injector pressure
below the choked pressure, then the injector is choked.
Inorder to determine density, enthalpy, and entropy for the fluid, the Redlich-Kwong (R-
K) equation of state (EOS) is used. This EOS is used based on its wide use in practice
and its simple two-parameter form. The R-K EOS is:
[p + 05 a ](V - b) = RTT . V(V +b)
(9-6)
where
a = 0.42748 RTc 2.5 ; b = 0.08664 RTc
r, r, (9-7)
Z, the compressibility factor, is such that:
PV=RTZ (9-8)
Substituting (9-7) and (9-8) into (9-6) yields a cubic equation in Z, where the real root is
the physical solution.
Because both hand s are path independent, the difference in enthalpy and entropy at the
stagnation point and at the throat can be rewritten as the sum of the following terms:
h - h = (h - h id) + (h id - h id) + (h id - h )
o 1 0 0 0 1 1 1
8 - 8 = (8 - 8 id) + (8 id - 8 id ) + (8 id - 8 )
01 00 0 1 1 1
(9-9)
(9-10)
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where the ideal differences are evaluated at zero pressure by applying the ideal gas law
To
h id - h id = J C iddT
o 1 P
1j
(9-11)
To C id
Sid _Sid =J-p-dT-RlnPO
o 1 T ~
1j 1
(9-12)
The other terms from (9-6) and (9-7) can be found from thermodynamic relationships, as:
hid -h =RT-PV+ l[p-T(:~l}v
id JV[R (BP)}8 -8 =-RlnZ+ 00, V- aT y v
(9-13)
(9-14)
Substituting the R-K EOS into the above two equations yields the following relationships
which can be used to solve iteratively for the temperature required to meet the isentropic
relationship, (Eq. 9-5). Then, the density and mass velocity can be computed from Eqs.
(9-6), (9-8), and (9-4).
h id _ h = RT[l- Z + 1.5a In(l +!:)]
bRT1.5 V
(9-15)
S id _ S = - R{ln[Z(l - !:)] - a In(l +!:)}V
V 2bRT1.5 V
(9-16)
Table 9-4 lists the ideal gas properties used to calculate the non-ideal gas flows given by
the above form. Dissociation of nitrogen tetroxide is accounted for by solving the
equilibrium rate equations for N204=2N02 and 2N02=N2+202 by utilizing the rate
constants as a function of temperature found in [Hisatsune] and [Giaque]. Molecular
weight is changed based on this dissociation. The critical temperature and pressure used
for the R-K EOS are those of N204 / N02 (N02 has the same critical temperature and
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pressure as N204, and under engine operating conditions used here, the oxidizer is
dissociated to over 95 % N02).
Table 9-4: Propellant injection point properties.
Propellant Ideal gas ratio of Molecular Weight
specific heats [g/gmol]
Supercritical dissociated N204 1.4 36-92
Vaporized dodecane 1.1 170
Table 9-5 shows the resulting choked flow injector sizes to give the design mass flows, as
well as the required pressure ratio across the injectors to choke the flows.
Table 9-5: Choked flow injector sizes.
Propellant Injector Choked flow Inlet Temp. Reduced Reduced
diameter [urn] pressure ratio [K] Temp. Pressure
N204 20 2 680 1.55 1.2
JP-7 4 4 750 1.11 13.6
Initially a JP-7 inlet temperature of 750 K is chosen in order to bring the JP-7 into the
supercritical regime. Supercritical injection is preferred for the microrocket engine
because beyond the critical point, the enthalpy of vaporization goes to zero. Time in the
chamber will only be required for mixing and combustion processes. In order to heat the
JP-7 beyond the critical point, it is used as a coolant in one side coolant passage as
described above. Because the JP-7 reduced pressure is only 1.1 at a temperature of 750
K, a pressure ratio of 4 would be required to choke its flow through the injectors. For a
chamber pressure of 60 bar, this would require a pressure drop across the injectors of 180
bar, exceeding the structural design pressure difference of 120 bar. Instead a JP-7
injector pressure ratio of2 is chosen and an injector size is increased to 5.5 microns.
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9.8 Ignition
The steady state constraints and performance of the liquid motor design and the design
itself have been discussed previously in Chapter 9. Prior to the establishment of steady-
state combustion, the motor system must pass through one or more transitory stages
designated as the ignition process, and through the intermediate pressures from the end of
the ignition phase to the steady-state design chamber pressure. This chapter details the
constraints microrocket engines face in these processes and presents a start method which
allows the device to pass through these processes.
9.8.1 Ignition Methods
The following methods have been used to start liquid rocket engines:
PYrotechnic devices: A wire set within the pyrotechnic material is resistively heated
igniting the material. Sparks and hot gasses are expelled providing the energy necessary
to ignite the propellant mixture. This method is used in all solid propellant engines.
PYrotechnic devices are one-shot devices. As mentioned in Chapter 1, solid propellant
microthrusters are under development, and could be integrated with the current device to
allow ignition.
Electrical Spark Igniters: In these devices, a spark is drawn across a gap to provide the
energy necessary for propellant ignition. These devices have been used for ignition of
LOz/LHz engines and in LOz/alchohol engines. Provided the spark igniter does not foul
during the initial firing these devices can provide restart capability.
Hypergolic propellants: Hypergolic propellants have the property that they ignite on
mixing, making ignition a matter of flowing the propellants into the chamber.
Hypergolic combinations provide the opportunity for engine restarts and have been used
exclusively for manned flight critical missions.
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9.8.2 Ignition Process and Ignition Delay
Auto-ignition is the spontaneous combustion of fuel and oxidizer in the absence of an
ignition source. Ignition occurs some time after the fuel and oxidizer have mixed. The
ignition delay time can be defined as the time between the initiation of a combustible
mixture, such as by injection 0 hypergolic propellants into a chamber, and the onset of
the rapid reaction leading to increased temperature. [Samuelsen]
Several of the various possible pre-steady state combustion paths are presented in Figure
9-23.
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Figure 9-23: Schematic representation of preignition processes [Altman].
While not every process involved in ignition is included in the figure, it does highlight
the complexity of the process. The interplay of gas and liquid phase chemical reaction
rates (with or without surface catalysis) and physical rate processes such as gas and liquid
phase diffusion, evaporation rates, and mixing processes is in general so complex that the
notion of a single rate limiting step is not applicable.
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Because of the complex nature of the ignition process shown in Figure 9-23, empirical
studies are generally used to establish the time required to initiate combustion, the
ignition delay. The range of results for hypergolic propellants is in general from 0.009
seconds to 0.12 seconds. These tests were in general performed with the hypergolic
propellants red fuming nitric acid and aniline. Sutton suggests that ignition delay times
are typically less than 0.05 seconds. Experimental results conducted with drops of radius
on order of 1 mm have suggested that there is little change in ignition delay with an
increase in drop radius to 1.5 times the original size. While these results do not indicate
that the delay will be the same for the drop sizes in the microrocket engine, there is no
experimental evidence to suggest otherwise, and several of the pre-steady state
combustion paths may not scale with drop size. Regardless of whether the ignition delay
scaled with size, it is shown below that ignition would have to occur in a time span on the
order of the chemical time for the reactions in order for the device to be started at 25 % of
design flow.
Undesirable motor operation is generally the results of excessive ignition delays. If large
quantities of unbumt propellants are allowed to accumulate in the chamber prior to
steady-state combustion, pressure transients of disastrous magnitude can result. This
phenomenon is typically referred to as "hard start."
An upper limit for the transient chamber pressure achieved can be derived as in Altman
by assuming that propellants flow into the chamber during the entire ignition delay and
do not combust until the end of the delay time. The mass of propellant that has entered
the chamber is
(9-17)
Of course, once the chamber volume has been filled completely with liquid, this relation
does not hold, but instantaneous ignition of a full chamber would certainly overpressure
the chamber.
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If one assumes that this mass instantaneously bums at tiglb and reaches its equilibrium
temperature, Tc, and molecular weight, M within the chamber volume, Vc, then by use of
the ideal gas law,
(9-18)
Application of this method of estimating start transient pressure is applied to the
geometry and propellant combustion products for the parameters shown below.
Table 9-6: Ignition products properties.
Mdotss = 2.6 g/s
Of= 10.0
Vc=61.7mml
Mw = 28.5 g/mol
Tc = 3060 K
A typical start mass flow of rockets is mss • Figure 9-24 (a) shows that at this start mass
4
flow, even the smallest estimate of tigngives a transient pressure of over 1000 bar, well
over the structural limit of the device. Figure 9-24 (b) shows that for the smallest
estimate of the ignition time, the required mass flow at start is 1.4 percent of the full mass
flow. The more conservative and more typical estimate of ignition delay of 0.05 s
suggests that the start mass flow of propellant would have to be approximately 1/500th of
the design mass flow to avoid a hard start failure.
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Figure 9-24: Transient pressure versus start mass flow as a fraction of design mass flow.
(a) shows that a start at the typical 25% value is not feasible for even the smallest tign
estimate. (b) shows the required tign to keep the transient pressure below the design
pressure of 60 bar)
The above analysis is also applicable to the case of spark ignition. If ignition is assumed
to occur immediately in this case, a start mass flow of 25% of the design flow would
require ignition to occur before propellants were allowed to flow for --0.5 msec. Because
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the volume over mass flow of the micro-rocket is small, a spark ignition method
requiring a spark would have to timed well enough to ignite the mixture almost
immediately upon the initiation of propellant flow. Further, as discussed in Chapter 6,
spark ignition requires a specific range of mixture ratios in which to initiate combustion.
The mixture ratio of the liquid propellants would have to be correct at the location of the
spark at the time of spark initiation.
The analysis above suggests that simply starting the microrocket engine by flowing liquid
propellants into the chamber and igniting the cold propellants through use of any of the
ignition methods presented will produce a pressure spike far exceeding the structural
limit of the device. While it is possible that propellant will drain from the device before
ignition, the analysis suggests that the microrocket engine ignition is different from large
rockets and suggests the necessity of initiating combustion in the micro-rocket at a much
lower mass flow than the typical 25% of design. The use of a separate set of injectors
which would flow a fraction of the design flow at their design pressure would allow
ignition at lower mass flows.
Finally it is useful to note that in a gaseous propellant system, the mass in the chamber is
not simply the integral of the mass flow with time to ignition. The gases expand to fill
the volume of the chamber and exhaust through the throat as a result of the pressure
difference between the ambient conditions at the exhaust and the chamber. Because of
the low density of the gaseous propellants compared to the liquid propellants, the mass of
propellant in the chamber is much lower resulting in a lower transient pressure, and the
mass in the chamber can be allowed to reach a steady value for a fixed injector pressure
setting. Also, the mass of unbumt propellant in the chamber is proportional to the
volume of the chamber. For starts at the same pressure the ignition transient pressure is
the same in a large gaseous propellant rocket as in a microrocket engine.
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9.8.3 Microrocket Engine Ignition Method
Because rockets employing two storable propellants typically rely on pyrotechnic squib
or hypergolic ignition, and do not utilize spark ignition, and because experiments have
shown the difficulty in providing the required mixture ratio at the spark, two possible
ignition methods are well suited to the microrocket engine. The first is a start via
hypergolic ignition. Given the small chamber volume to throat area of the device, and
given that experiments have shown that hypergolic ignition is not dependent on mixture
ratio [Ladanyi] this is a start method well suited to the microrocket engine. The second is
ignition of gaseous propellants in the chamber before the main propellant flow is
initiated. It is possible that both of these methods could utilize the same start injector
setup. The gaseous start option may seem more complex because of the requirement for
pressurized gas tanks, however because the injectors are near the minimal fabricatable
feature size of 10 urn, in order to function as designed, the hypergolic liquid start
injectors would also necessarily be driven by a high pressure source. In both cases the
volume of starting propellants and high pressure gas required would be low compared the
volume of propellants utilized during a firing profile.
The final start method chosen is ignition via hypergolic propellants. Nitric acid and
aniline are chosen based on their compatibility with silicon and on the short ignition
delay achieved with these propellants. A typical mixture ratio for these propellants of3.0
is selected as the start mixture ratio. The start injectors are sized from equation (9-19),
the flow relation for liquid injectors of this type, such that 2.5 % of the design mass flow
can be delivered at a pressure difference across the injectors of 120bar.
liz = 0.7Ainj~2pM (9-19)
This yields an oxidizer start injector diameter of 20 urn and a fuel start injector diameter
of 12.5 urn. The start oxidizer is routed from the starboard feed port to the injectors
through an interconnect that passes from the interface of wafers 4 and 5 to the interface of
wafers 5 and 6 and on to the injectors in level 5. The same is true for the start fuel except
on layers 3, 2, and 1.
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9.9 Fabrication
With the dimensions of the device determined, the formal layout of the masks used in
fabrication of the device can be generated. This section discusses fundamental concepts
and processes for fabrication of the microrocket thrust chamber, including mask
generation. As part of this work, 6 gaseous motor builds have been fabricated through a
method very similar to that presented below.
9.9.1.1 Microfabrication Concepts
The microrocket thrust chamber was fabricated with bulk micromachining techniques.
Material is selectively removed from silicon wafer substrates through chemical etching.
A number of etched wafers are then bonded together to form a laminated stack of
finished devices. Three bulk micromachining techniques employed in this work are
photolithography, which defines features on the wafers; nested masks, which allow two
different etch depths on a given wafer side; and time-multiplexed deep etching (TMDE),
which is the actual process of etching used in this work.
9.9.1.2 Photolithography
In microfabrication, photolithography is the process of transferring a pattern defined in
chrome on a glass plate (a mask) to the wafer where it can be etched. In fabrication of
the microrocket engine, photolithography is performed using contact exposure of the
mask pattern in a one-to-one image ratio of the shape to be transferred to the wafer. A
photoresist, or "resist", (photo-sensitive polymer) is spin-coated onto the wafer and then
brought in contact with the mask. The resist that remains visible through the clear areas
of the mask is exposed to UV light, which causes local weakening of the polymer bonds.
The weakening of the bonds allows the areas of resist that were exposed to the UV light
to be washed away when the wafer is developed. It is then hard-baked. The resist can
then be used as a mask for a chemical etch of the substrate onto which it was coated. In
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the work presented, the substrate is either a silicon wafer or a thin layer of silicon dioxide
on top of a silicon wafer. For the dioxide/wafer case, the silicon dioxide layer is
patterned and etched first and can then serve as an etching mask for the silicon wafer
substrate.
9.9.1.3 Nested Masks
A limitation of basic photolithography is that all of the features are etched to the same
depth. Nested masks, on the other hand, allow two different etch depths on the same side
of one wafer substrate by using both oxide and photoresist as masks in combination
during the deep silicon etching process. First, an oxide layer is deposited onto the silicon
substrate and is patterned in the positions where both etch depths are desired. Then, on
top of the oxide layer, the mask is coated with photoresist and is patterned with only the
deep etch features. Next, the first etch can take place, etching the features of the
photoresist mask to a depth approximately equal to the difference in depths of the deep
and shallow features. The resist is then stripped and the silicon is etched again using the
oxide mask until the shallow features reach the desired depth.
9.9.1.4 Deep Etching
The etching process used to fabricate the microrocket thrust chamber is time-multiplexed
deep etching, or TMDE. The concept based on a process developed by Robert Bosch.
The etching tool used was manufactured by Surface Technology Systems and has been
extensively characterized [Ay6n et al.].
In TMDE, the etching processes uses alternating etch and passivation cycles (coats with
polymer). Each etch cycle is ion-assisted using SF6 as feed gas. This produces shallow,
nearly isotropic etches in the silicon substrate. The silicon then goes through a
passivation cycle where the shallow etch is coated with a thin polymer layer derived from
C4Fg. In the second etch cycle, ion-bombardment removes the polymer coating from the
horizontal surface layer at the bottom of the previously etched feature but leaves the
sidewalls of the feature protected with polymer. This leaves the lower surface of the
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feature exposed to the etchant and is therefore etched a second time. The passivation
cycle begins again, coating the newly etched feature, and in the third etch cycle, ion-
bombardment of the horizontal surface again allows only the bottom layer to be exposed
to the etch ant. Cycles of etching and passivation continue until the desired feature depth
is reached. When TMDE is complete, a characteristic scalloped pattern remains on the
sidewalls of the etched feature. However, the size of the scalloping is small relative to
the dimensions of interest in the microrocket, so TMDE can be used to produce deep
features with straight walls.
9.9.1.5 Mask Creation
In order to etch and fabricate the microrocket thrust chamber, a series of masks must be
generated. Wafer 1 requires 3 masks, wafers 2 and 5 require 4 masks, wafers 3 and 4
require 3 masks, and wafer 6 requires 2 masks. Several masks are mirror images of each
other because the propellant feeds are not axially symmetric. A total of 19 masks is
required.
A detailed point-by-point geometry of the eight masks is generated using MAT LAB
code. A second MATLAB code converts the first code into straight-line segments. A
file is written that contains a full description of the mask geometry in an industry-
standard CIF format. The file is imported into L-ED IT, a commercial mask design
program, where it is edited into a more compact binary GDS format, the format preferred
by the mask vendor. The mask vendor uses the GDS format file to produce the actual
masks.
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Figure 9-25: Mask 1. Top Holes. Creates feed ports for propellants, die labels, and
diesaw alignment marks (not shown) on top of wafer 1.
Figure 9-26: Mask 2 and 3 for backside of wafer 1. Mask 2. Top Shallow. Used in
shallow etch of backside of wafer 1 to create top half of top coolant passages and injector
manifolds and piping. Mask 3. Used for 200 urn etch on backside of wafer 1 to create
piping for injectors and top coolant flow.
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Figure 9-27: Masks 4 and 5 for wafer 2. Mask 4. Injectors. Creates injectors and piping
ports that must be etched through wafer 2. Halos are used to define larger features so that
their etch rate matches the injector etch rates. Mask 5. Wall Cooling. Used in shallow
etch on front side of wafer 2 to create the bottom half of the top cooling passages, injector
manifolds, and start injector piping .
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Figure 9-28: Mask 6 wafer 2. Mask 6: Wall Interconnect. Defines the main flow path,
the nozzle walls, side coolant passages, and piping to route N204 flow back to the injector
manifolds. Used on the backside of wafer 2.
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Figure 9-29: Masks 6 and 7 for wafer 3. Mask 6: Wall Interconnect. Defines the main
flow path, the nozzle walls, side coolant passages, piping to bring the N204 flow back
from the coolant passages to the injector manifolds. Used on the backside of wafer 3.
Mask 7. Nozzle Nested. Used to etch features which must go through wafer 3, including
the main flow path and propellant routing ducts.
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Figure 9-30: Mask 8. Centerline. Used in etch on backside of wafer 3 to create main
flow path, side coolant channels, and side coolant routing.
Figure 9-31: Mask 8. Centerline. Used in etch on front side of wafer 4 to create main
flow path, side coolant channels, and side coolant routing.
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Figure 9-32: Masks 6 and 7 for wafer 4. Mask 6: Wall Interconnect. Defines the main
flow path, the nozzle walls, fuel and oxidizer side coolant passages, and piping to bring
JP-7 flow from the nozzle back to the injector manifolds. Used on the backside of wafer
4. Mask 7. Nozzle Nested. Used to etch features which must go through wafer 4,
including the main flow path and propellant routing ducts .
•
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Figure 9-33: Mask 6 wafer 5. Mask 6: Wall Interconnect. Defines the main flow path,
the nozzle walls, fuel and oxidizer side coolant passages, piping to bring the IP-7 flow
from the nozzle back to the injector manifolds. Used on the backside of wafer 5.
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Figure 9-34: Masks 4 and 5 for wafer 5. Mask 4. Injectors. Creates injectors and piping
ports that must be etched through wafer 5. Halos are used to define larger features so that
their etch rate matches the injector etch rates. Mask 5. Wall Cooling. Used in shallow
etch on front side of wafer 5 to create the bottom half of the top cooling passages, injector
manifolds, and start injector piping.
Figure 9-35: Masks 5 fins.
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Figure 9-36: Mask 2 and 3 for top of wafer 6. Mask 2. Top Shallow. Used in shallow
etch of front side of wafer 6 to create top half of top coolant passages and injector
manifolds and piping. Mask 3. Top Deep. Used for 200 urn etch on front side of wafer
6 to create piping for injectors and top coolant flow.
9.9.1.6 Fabrication
Fabrication of the six wafers that make up the microrocket thrust chamber wafer stack
requires preparation processes for each generic wafer, as well as processes specific to
each type of wafer - wall plates, nozzle plates, and cap plates (top and bottom). This
section discusses fabrication of the six individual wafers and the next section discusses
bonding of the wafers to form the actual stack.
9.9.1.6.1 Wafer preparation
The first step in wafer preparation is defining the alignment marks on each side of all
wafers. The alignment marks are used to register each mask to the other masks and,
ultimately, to register each wafer to the other wafers in the final bonding step. Alignment
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marks are etched on the wafers approximately 1.5 J1mdeep, and an infrared alignment
system is used to see through the wafer and align the front and back.
After alignment marks are etched on the wafers, a layer of silicon dioxide (or "oxide") is
thermally grown. The oxide serves both as a mask for etching and to protect the surface
of the wafer during processing for a higher likelihood of successful bonding later. 2 J1m
of oxide is grown on both sides of the nozzle plates, while 0.5 urn is grown on both sides
of the remaining wafers. The oxide layers are then patterned to serve as masks to the
main etching steps. A photoresist of 2 J1mthick is used as a mask for etching the oxide
and each side of each wafer is patterned using the appropriate mask. The oxide is etched
in the AME5000 plasma etcher using CF3 as etchant.
After the oxide has been etched on both sides of each wafer, the wafers are ready for deep
silicon etching, the primary fabrication step. Deep etching processes are specific to each
type of wafer and are discussed in the following sections.
9.9.1.6.2 Cap Plates (Top and Bottom)
The top and bottom cap plates in the microrocket stack are 1000 J1mthick. On the front
side of the top plate, Mask 1 is used to define the top half of the inlet holes and igniter
ports with an approximately 780 um deep etch. For the bottom plate, no inlet holes are
needed so no etch it performed.
The back sides of the wafers are etched using nested masks. The first stage of the nested
mask is defined in photoresist using Mask 3 and is etched to 200 urn deep. This etch
finishes the through etch of the inlet holes for the top plate. It also creates the deep
topside cooling passages used for coolant distribution and collection in both cap plates.
The photoresist is then stripped. Next, a 9 J1mdeep etch is made using Mask 2 to define
the upper half of the top and bottom cooling passages in both cap plates. The last 40
seconds of this etch is an isotropic SF6 etch as discussed in Chapter 2.
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9.9.1.6.3 Wall Plates
The two wall plates are both 400 urn thick. Their backsides are etched with to 250 urn
deep with Mask 6 as the oxide mask using the nozzle etch recipe. The last 40 seconds of
this etch is an isotropic SF6 etch as discussed in Chapter 2. The front sides are thickly
coated with photoresist and patterned with Mask 4 to define the injector holes and other
features. The etch rate of the injector holes is low (- 1.2 um/min) due to the small size of
the injector holes. Therefore, etching them the full 150 urn through the plate is a time
intensive step. When etching of the injector ports is complete, the thick layer of
photoresist is removed. The wafer is coated with photoresist again, and the top coolant
passage rib mask is used to define the ribs. All of the areas left exposed by the nested
oxide Mask 5 are exposed except for the ribs. After a 6 micron etch, the photoresist is
removed. Mask 5 is then used to etch the lower half of the top and bottom cooling
passages to 15 urn deep. The last 40 seconds of this etch is an isotropic SF6 etch as
discussed in Chapter 2.
9.9.1.6.4 Nozzle Plates
The nozzle plates are 525 urn. Each side of their oxide coatings has similar patterns,
defined by Masks 6 and 8. A photoresist mask is added to one side (typically the
backside since it forms the center plane of the rocket) using Mask 7 to define the etches
of the chamber and nozzle which go all the way through the plates. Initially, these areas
are etched to 175 urn to provide an advanced start for the areas to be etched completely
through the wafer. The resist mask is then removed. Finally, the side cooling passage
etch recipe is used to etch each side of the nozzle plates to a depth of 200 urn.
9.9.1.7 Wafer Bonding
After the etching steps are completed for each of the six wafers, they are ready for
bonding to form the microrocket thrust chamber wafer stack. The oxide masks that
served as protection for the bonding surfaces of the wafers during etching is stripped
using a Buffered Oxide Etchant (BOE) of hydrofluoric acid solution. The wafers are then
subjected to a final cleaning procedure. Next, they are aligned and pressed together in an
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aligner/bonder manufactured by Electric Visions. Finally, the wafer stack is annealed at
1100°C to create a diffusion bond.
9.9.2 Packaging
The packaging method selected for the above design is the glass tubes method described
in Chapter 4.
9.10Higher Specific Impulse Design Options
A vacuum specific impulse of 267 s may not provide the performance necessary for
certain applications of the microrocket engine, particularly in applications involving their
use as primary propulsion for launch vehicles [Francis]. The following sections present a
discussion of how the limiting constraints applied above must be eased to reach a
performance level greater than 285 s of vacuum specific impulse.
9.10.1.1 H202 temperature constraint is relaxed
If hydrogen peroxide can be used as a coolant higher levels of performance can be
achieved in the device. Table 9-7 shows the maximum vacuum specific impulse
achievable for a hydrogen peroxide/JP-7 parametrically as a function of the maximum
allowable hydrogen peroxide temperature. Because the side coolant pressure loss and
fabrication limits are not reached for the relatively low mixture ratios and chamber
pressures considered here, there is no upper limit of chamber pressure in the range up to
120 bar. Maximum specific impulse is shown for design cases of 60 bar and 120 bar.
The performance for the lower chamber pressure is reduced because the JP-7 temperature
exceeds 700K at a lower mixture ratio in this case. The conclusion is that thermal
isolation of the peroxide will allow a performance increase from 270 seconds to 290-300
seconds. If the maximum allowable temperature for the peroxide is determined to be 600
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K or greater in materials other than stainless steel, specific impulses of over 320 s could
be achieved.
Table 9-7: Maximum achievable specific impulse for hydrogen peroxide systems
varying allowable hydrogen peroxide temperature. Specific impulse is maximum
specific impulse permitted by limiting the JP-7 to a final temperature of 750 K at
pressures of 60 bar and 120 bar. Coolant passage constraints are not limiting for these
mixture ratios and pressures.
Pressure of 60 bar 120bar
final
propellant
temperature
limit.
H202 Final Isp (vac.) Isp (vac.)
Temperature [s] [s]
[K]
300 270 282
422 290 297
500 297 310
600 312 324
9.10.1.2 H20JlJP-7 System with. Increased Size
Figure 9-37 and Table 9-8 show the effect of increasing the size of the hydrogen
peroxide/JP-7 device. A factor of 4 increase in length scale (16 times the mass flow)
allows the system using H202 as a coolant to 422 K to reach 307 s of specific impulse.
The coolant passage width constraint will no longer be a concern as the size of the device
has been increased. The low mixture ratio of 2.9 again means that the coolant passage
pressure loss constraints will not be in effect over this range of pressures. Pressure loss
will be similar to that in Figures 9-18, and the side passage width would be
approximately 4 times that in Figure 9-19.
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Figure 9-37: Final JP-7 Temperature for a H202/JP-7 system four times larger than the
current device. The final H202 temperature is fixed at 422 K. Specific impulse at 50 bar
is shown.
Table 9-8 shows the enhancement of specific impulse with increased size. Cases are
shown for final hydrogen peroxide temperatures of 300 K and 422 K. Enlarging the
device size bay a factor of 4 results in approximately 15 s more of vacuum specific
impulse. This brings the 300 K peroxide temperature, 60 and 120 bar chamber pressure
cases into the useable range for launch vehicles.
Table 9-8: Specific impulse for H202/JP-7 system using only JP-7 as a coolant at
pressures of 60 bar and 120 bar for larger sized devices. JP-7 final temperature is 750 K.
H202 temperature is 422 K.
H202 Final Temp 300 ,422
[K]
Chamber 60 120 , 60 120•
Pressure [bar]
Length Scale Isp (vac.) Isp (vac.)
t
Isp (vac.) Isp (vac.)
(multiple of [s] [s] [s] [s]
current design) I
1 270 282 I 290 297
2 276 288 I 297 309
3 281 293 300 311
4 286 295 307 312
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The advancements that would be required for a larger device would be fabrication
related. Increasing the size of the current device design by a factor of 4 would require the
use of 9 additional nozzle plate wafers (approximately 1mm per set of 2) to increase the
chamber height from 1.5 mm to 6mm.
The chamber walls can be modeled as beams clamped at both ends and subject to a
uniform pressure. The maximum stress, the bending stress at the roots, for this
arrangement can be shown to be:
a = p(~)2
max 2 t
w
(9-20)
Scaling from the current design would imply an outer wall thickness 4 times the current
design, or ,.....3.7 mm thick. This could be accomplished through the use of multiple thin
wafers or use of 1 additional thick wafer bonded to the outside of the device. The
fabrication challenge required to build an engine this size would be related to wafer
bonding. Demonstration of the ability to bond a stack approximately 16 mm in height
would be required. It should be noted that the extra thickness required for the outer
chamber walls provides stiffening but is not required for flow paths within the device. In
the thrust chamber alone, the outer wafers could be waffled such that their mass was
reduced but they would still provide the required stiffuess to prevent failure at the
chamber wall roots and at the injection manifolds. In a complete engine system,
stiffening of the chamber walls can be provided by incorporating the other system
components into the thrust chamber design. The outer walls of a valve manifold could
also serve as part of the outer chamber walls. Figure 9-38 shows a potential system
layout which would take advantage of the stiffuess provided by the other system
components.
268
Figure 9-38: Preliminary system layout of microrocket engine (not to scale) showing
possible placement of turbo pumps and valves over chamber. [Courtesy D. Park, 2003].
Further, the calculation of outer wall thickness, and thus system weight, performed above
was based on the limited results from the cold flow tests of the current Build 4-10
devices. It should be possible to fabricate the device such that the O"MAX of silicon, 1 GPa
[Chen] is achievable. One should be able to scale the required outer wall thickness for a
larger device based on the stress levels reported by the 3-D model presented in Chapter 3.
In this model, the maximum stress was ---700 Mpa for an outer wall thickness of 450 J.Ul1,
at a chamber pressure of 120 bar. The stress in the original coolant passage design was>-
400 MPa at 124 bar of coolant passage pressure, while the original design goal of was
500 Mpa at 300 bar. However, based on the results of the 3-D model, the coolant passage
support structure modifications should allow coolant passage pressures up to the design
of 300 bar. Therefore only the chamber pressure is considered in this scaling argument.
Maintaining a design goal for stress of Y2O"MAX or 500 Mpa, and applying equation 9-20,
the required outer wall thickness for a device 4 times larger that the current device at a
chamber pressure of 120 bar would be ---2.2 mm instead of the ---3.7mm found above for a
chamber pressure of60 bar.
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9.11 System Summary and Recommendations
Table 9-8 shows a summary of possible design options and recommendations to yield
increased specific impulse in the device.
Table 9-9: Baseline system and suggestions for higher performance.
Design Propellants Isp Design Limit Recommendation
(vac.) Differences
A NzOJJP-7 267 Baseline- Residence See Design E
Designed in time
Detail
B HzOz/JP-7 270 Minimal HzOz Possible designs
thermal including
management thermal barriers
to limit wall
temperature in
contact with
peroxide. Also
Designs C & D.
C HzOz/JP-7 286 Increased Wafer bond Thick bonding
Size demonstration
D HzOz/JP-7 270-324 Relaxed HzOz Explore HzOz
Propellant thermal cooling
Temp Limit limit in properties in
stainless silicon dioxide
steel and silicon
carbide
E NzOJJP-7 320 Increased Wafer bond Thick bonding
Size demonstration
Table 9-9 shows the potential performance in terms of specific impulse, thrust, and
thrust-to-weight of the baseline system presented in detail above. It also shows
performance estimates for designs incorporating the changes discussed above. The thrust
to weight calculated is a minimum value. There are two sources of excess weight in the
current layout. First, the design is rectangular. A minimum weight design of the thrust
chamber would follow the profile of the chamber and nozzle at the minimum wall
thickness, with some additional weight required for the routing of the propellants.
Second, as discussed above the outer wall thickness is required for stiffness to support the
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pressure load of the chamber. Waffling the insides of these walls would provide the
required stiffuess at a reduced weight. Finally, the excess volume in the current designs
could be used for valves and turbopumps, in order to minimize the entire system weight.
Table 9-10: Potential performance for baseline system and increased specific impulse
system. Design A is based on current design. Design C incorporates the calculation
above of the minimum wall thickness required.
Design Propellants o/f[] Pc [bar] IspvAc [s] ThrustvAc [N] Minimum
Thrust: Weight
[]
A N20,JJP-7 10 60 267 8.3 ",480
C H202/JP-7 2.3 60 286 135 ",170
C H202/JP-7 2.5 120 295 270 ",340
Two suggestions are made for hydrogen peroxide as an oxidizer. The first is to increase
the size of the device by a factor of 4 in length, width, and height. This would allow the
JP-7 to be used as the only coolant in the device operating at a specific impulse of 307
seconds. This design as any with hydrogen peroxide would require a detailed design of
the peroxide routing to ensure exothermic decomposition does not occur before the
hydrogen peroxide is injected unless it is run in a decomposition cycle. Also, bonding of
stacks of '" 20 wafers at an overall stack thickness of approximately 16 mm would have
to be demonstrated. The second option with peroxide assumes that the peroxide can be
used as a coolant to higher temperatures. Experiments with hydrogen peroxide in silicon
dioxide, silicon carbide, or silicon nitride should be conducted to determine the
usefulness of the peroxide as a coolant for these materials. Depending on the usefulness
of the peroxide as a coolant, specific impulses over 320 s could be obtained. The path to
achieving higher specific impulse conditions in the N20,JJP-7 device is also to increase
the size of the device. An increase of a factor of two allows the residence time to match
the reaction time of this propellant combination, and reduces the minimum side coolant
passage width required at the throat through simple scaling.
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CHAPTER 10
CONCLUSIONS AND
RECOMMENDATIONS
This chapter presents a summary of the research discussed in this thesis, describes the
contributions of the research, and provides recommendations for future work.
10.1 Summary
Failure analysis and redesign of a pressure-fed gaseous propellant micro scale rocket
engine were conducted. The baseline packaging method was evaluated through
experimentation and analysis, and as a result two new packaging methods were
developed and tested in rocket engine tests. These methods generated significant
improvements in the packaging interface between the macro scale test rig and the device.
The failure analysis, redesign, and new packaging methods combined have led to a thrust
of 300 percent of the original design. A high performance rocket engine was tested
producing 3.0 N of thrust at a chamber pressure of 30.2 bar, giving a thrust to weight
ratio of 180:1.
These high performance, high chamber pressure runs enabled the collection of data with
less uncertainty than previous data and contributed to understanding the heat fluxes
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within the device. The primary limitation preventing tests at higher chamber pressures
appears to be the inability to reliably bond the fine support structures of the coolant
passages. This has led to a low yield of devices, which limited the number of tests that
could be performed, and appears to be the cause of failure in the highest pressure runs.
The experiments with gaseous propellant micro rocket engines were also used to further
design a liquid regeneratively cooled micro rocket engine. This thesis presents the major
technical hurdles to such a device, along with a design to allow further testing and
development of a micro fabricated liquid bipropellant rocket system.
The performance of a storable liquid bipropellant micro scale rocket engine has been
modeled. Propellant choices were evaluated on the basis of performance, cooling
capability, and stability. From this analysis, nitrogen tetroxide and lP-7 are chosen as the
oxidizer and fuel, respectively. It is found that, at this scale, these propellants must be
run oxidizer rich due to the kinetic limitations in fuel-rich combustion. A design and
fabrication method meeting the constraints is presented, and design tools to develop a
device using storable propellants injected in a supercritical state are presented. The
specific impulse of this device is limited by a combination of thermal and chemical
reaction time constraints, and can be improved primarily by increasing the size of the
device.
10.2 Contributions
The contributions of this work may be summarized as follows:
1. Extended range, from IN to 3N, of high performance operation in a MEMS
gaseous propellant rocket engine made from silicon with a throat area of less than
1 mrrr' was demonstrated. Analysis was conducted to assess and evolve the
design. An operational strategy to achieve high thrust based on experimental
results, packaging constraints, modeling, and analysis was developed and led to
high performance runs. The higher chamber pressure data and run conditions
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have led to improved performance analysis and model validation. Packaging
methods to allow higher performance runs have been developed.
2. The design of a regeneratively-cooled storable liquid propellant MEMS rocket
engine was presented. The design space for different storable liquid propellant
combinations was evaluated. Analysis was conducted to calculate states for a
fixed design at performances ranging from startup to design level. Application of
this analysis was allowed the design of a viable regeneratively cooled, storable,
bipropellant thrust chamber within the operational space. Constraints which can
be relaxed to achieve higher performance engine designs have been identified.
10.3 Recommendations for Future Work
A hydrogen peroxide/JP-7 microrocket engine should be developed. This combination
offers a reduced chamber temperature at the same performance compared to a nitrogen
tetroxide/JP-7 system, and does not have the reaction time limitations of a nitrogen
tetroxide/JP-7 system. Hydrogen peroxide is nontoxic. Handling and testing would be
easier than with more toxic oxidizers. Hydrogen peroxide is not hypergolic with
hydrocarbons, but can be made hypergolic with the inclusion of additives in the
hydrocarbon. This allows the designer more freedom in the choice of ignition methods.
Hydrogen peroxide can also be made to exothermically decompose to steam and oxygen.
These products could be used as the working fluid in a turbopump fed system. More
research is required to establish the limits of hydrogen peroxide as a coolant in devices of
this scale constructed from silicon, silicon dioxide, silicon carbide, or silicon nitride.
A larger thrust chamber should be developed. While the thrust to weight ratio of a larger
chamber would be reduced, it would allow better performance in terms of specific
impulse by reducing the total heat load to the coolants and increasing the chamber
residence time. The major obstacle to a larger design is the development of a fabrication
process to allow reliably bonded thicker structures.
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The current bonding procedure should be studied and improved. Specifically, the quality
of the bonding of the top and side wall support structures must be improved. An
improvement in the reliability of the bonding procedure would significantly improve the
number of devices that could be tested from each build, enable increased thrust, and
allow a wider variety of experiments.
The current packaging methods should be characterized. The pressure and temperature
limits of the packaging should be established, and the sources of leaks in both the anodic
package and the glass sleeve package should be determined and eliminated.
Improved temperature instrumentation should be implemented. Build 5 included a doped
chamber wall in order to enable IR camera measurements of wall temperatures, however
Build 5 was not testable, and the extra doping process steps were removed in order to
reduce the fabrication time of the builds. These data could provide important information
about the temperature of the chamber walls, as well as the distribution of temperature
across the device. This would improve the designer's ability to provide a design that
adequately cools the chamber walls.
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APPENDIX A
UNCERTAINTY ANALYSIS
This appendix discusses the uncertainty of the experimental measurements and calculated
quantities in the test and design of the rocket motor. Experimental uncertainty from each
independent measurement extends to the calculated quantities. Throughout this
appendix, uncertainty is represented as fractional uncertainty, Sx, where
s = Uncertainty in value of x
x Indicated value of x
(A-I)
A.I Uncertainty in Experimental Measurements
A.I.I Pressure
The two gauges used to calibrate the pressure transducers have a stated accuracy of
0.25% of the full scale of the gauge. For the high-pressure calibrations using the
reference gauge with a 0-6000 psi range, the accuracy of the reference pressure is
therefore ±15 psi. Likewise, for the low-pressure calibrations using the reference gauge
with a 0-300 psi range, the accuracy of the reference pressure is approximately ±1 psi.
Each time the pressure transducers are calibrated, a scale factor, sf, is determined for the
gauges. Indicated pressure is determined by multiplying the scale factor is multiplied by
the difference between the actual gauge reading and the zero value taken prior to the run.
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Each of the transducers were calibrated three times. Results of each calibration are
shown in Figures A-I to A-3. For each transducer, the scale factor shown is that
calculated for the respective calibration. The percent value shown is the percent
difference from the scale factor used to reduce data for pressure measurement results.
Over the three calibrations, the maximum variation in scale factor was 1.6%, giving a
±1.6% error in any given measurement. The possible error in scale factor from run to run
was conservatively assumed to be ±2%, giving a corresponding uncertainty in the
pressure measurements.
In addition to the ±2% error in the scale factor drift, Figures A-I to A-3 demonstrate
additional uncertainty. For the high-pressure calibration, variations in indicated pressure
are within ±15 psi. For the low-pressure calibration, variations in indicated pressure are
within ±5 psi, with the exception of sensor 4 (the cooling side outlet), which has
variations within ±10 psi. Combining both uncertainties gives estimated pressure
measurement uncertainties as follows, where P equals the measured pressure:
15 psi .
Sp =±0.02±--, forP> 250pSlg
P
= ±0.02 ± 5 psi, for P < 250 psig
P
10psi .
= ±0.02 ±--, for P < 250pSlg, sensor4
P
(A-2)
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The following table shows expected uncertainty in pressure measurements for example
cases.
Table A-I: Example pressure measurement uncertainties.
Pressure [bar] Uncertainty [bar] (%) Example case
2.5 0.4 (15%) Chamber pressure during ignition
7.0 0.5 (6.7%) Chamber pressure during testing
12.5 0.6 (4.6%) Chamber pressure during testing
100 3.0 (3.0%) Typical propellant feed pressure
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Figure A-I: Differences between indicated and reference pressures for calibrations #6
and 7. The scale factor, sf, is in units of psiN olt. The number in parentheses is the
percent difference between this scale factor and the one used to reduce the data presented.
The dashed line is Calibration #6, and the solid line is Calibration #7.
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Figure A-2: Differences between indicated and reference pressures for calibrations #51
and 52. The scale factor, sf, is in units of psiN olt. The number in parentheses is the
percent difference between this scale factor and the one used to reduce the data presented.
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Figure A-3: Differences between indicated and reference pressures for the low pressure
calibration #5. The scale factor, sf: is in units of psiN olt. The number in parentheses is
the percent difference between this scale factor and the one used to reduce the data
presented.
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A.1.2 Thrust
Calibration of the thrust stand entailed adding weights of known mass to the thrust stand
and recording the output of the load cell. 500-gram masses were weighed on a balance
accurate to O.Olg to verify that they were within 0.05% of their nominal mass. As shown
in Figures A-4 and A-5, the scatter in calibration is approximately ±5 grams,
corresponding to ±0.05 N of thrust. For the second calibration, the scale factor drifted
approximately ±0.8% giving an uncertainty in thrust measurements of approximately
±I % of the indicated thrust ±0.05 N. It follows that an estimate of the uncertainty in the
thrust measurement (F) is:
SF = ±O.OI± 0.08N
F
(A-3)
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Figure A-4: First thrust measurement calibration.
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Figure A-5: Second thrust measurement calibration.
A.1.3 Mass Flow
Each propellant mass flow is measured with a factory-calibrated Micro Motion Elite
CMF010 meter, high-pressure model. When measuring gases, their stated accuracy is:
8m = ±0.005 ± 0.001 ~g/secm
(A-4)
The second term in the above equation represents the zero-stability of the meter. For an
example flow rate of 0.4 g/sec of propellant, the uncertainty of the mass flow would be
±0.003 g/sec, or Sm = ±0.8%.
The coolant mass flow is measured with a factory-calibrated Micro Motion D6 meter,
high pressure model. For liquid flow, its stated accuracy is:
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8m = ±0.002 ± 0.003~ g/secm
(A-5)
The second term in the above equation also represents the zero-stability of the meter. For
an example flow rate of I g/sec of coolant, the uncertainty of the mass flow would be
±0.005 g/sec, or 8m = ±O.5%.
A.l.4 Temperature
Coolant outlet temperature is measured with O.OIO-inch thermocouples affixed to the
coolant outlet tubes. Mehra suggests the accuracy of the thermocouples to be ±12 K
[Mehra], giving an estimated uncertainty in the temperature measurements of:
(A-6)
For an example measured temperature of T = 450 K, the estimated uncertainty in the
temperature measurement 8r= 2.7%.
A.2 Uncertainty in Calculated Quantities
Uncertainty in each of the calculated quantities is propagated from the uncertainty in the
independent experimental measurements. A calculated quantity, y, is written as a
function of the experimental measurements Xl, X2, ••• , Xn as:
(A-7)
C is a set of influence coefficients, represented by non-dimensionalized partial
XI
derivatives of y with respect to each variable, Xi, as follows:
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C = of (Xi)
xI ax. y
, 0 0
(A-8)
The subscript 0 refers to the indicated and calculated values at each point. The value of
CXI represents the percent change in y that would result in a one percent change in the
variable Xi. Therefore, the overall fractional uncertainty Sy is:
ns, = L(CxISx)2
i==1
(A-9)
A.2.t Specific Impulse
Specific impulse is the ratio of thrust to mass flow. The influence coefficients are:
(A-tO)
Therefore, the fractional uncertainty of specific impulse is:
(A-tt)
A.2.2 Injector Diameter
The injector diameter is determined via the choked flow equation:
r+1
m _ P ( 2 )2<r-1) (A-t2)
Aeff - ~RI; r+1
In this case, the influence coefficients, CXI' are not equal to 1. So the fractional
uncertainty of injector diameter is:
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(A-13)
A.2.3 Throat Area
The throat area calculation is similar to the calculation for injector diameter. Again, the
influence coefficients, Cx, , are not equal to 1. So the fractional uncertainty of throat area
I
IS:
A.2.4 Characteristic Exhaust Velocity, c*
The characteristic exhaust velocity equation is a ratio:
• ~AtC =--
m
(A-IS)
so the influence coefficients are equal to one:
Cp. =CA =C. =1elm (A-16)
and the fractional uncertainty of characteristic exhaust velocity is:
s. =~s; +s~ +s~
eel
(A-17)
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A.2.5 Thrust Coefficient
Like specific impulse and characteristic exhaust velocity, the thrust coefficient is also a
ratio:
(A-IS)
so the influence coefficients are equal to one:
(A-19)
and the fractional uncertainty of the thrust coefficient follows as:
(A-20)
A.2.6 Heat Load
The enthalpy flux equation is:
Q = riu1h = mepl1T (A-2I)
so, again, the influence coefficients are equal to one:
Cm =CT =1 (A-22)
and the fractional uncertainty of heat load is:
(A-23)
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APPENDIX B
FABRICATION DETAILS
B.l Process Steps
The process steps for microfabricating the thrust chamber are shown in the following
tables
Table B-1: Process steps for preparing wafers.
re uirementsProcess name ste s
10 minutes
follow standard roccedure
65 minutes 1050 for 0.5 microns
99+99+99+99minutes @ 1050 for 2
microns
10 minutes
30 minutes
#4
6s
30 minutes
2.2 seconds
OCG 9341:1
time: - 60 s
OCG825 2Kr m
30 minutes
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- etch rate: -20AJs~-----------'-------'-
Table B-2: Process steps for preparing wafer 1. Wafer 6 is similar with no frontside
hole etch.
Ste s Comments Masks #Process
10 minutes
30 minutes
to shallow
#4
6s
30 minutes
2.2 seconds
OCG 9341:1
time: - 60 s
OCG825 2Kr m
30 minutes
etch rate: -20 AJs
10 minutes
30 minutes
#3
time: - 60s
30 minutes
30 minutes
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to holes
time: - 60 s
60 minutes
30 minutes
interval 5*15*15
AZ.440
time: -2 min 45 s
OCG825 2Kr m
20 minutes
6MIN 30 S
reci e: MIT59
etch time: 5 hours
etch de th: 825mm
10 minutes
30 minutes
#4
m
etch through checking by Nikon
microsco e
etch time: 1 hour
to dee13.5s
AZ.440
time: -2 min
mounted to 4 inch uatz wafer
reci e: TM02
da 1 1
10 minutes
30 minutes
mounted to 4 inch silicon wafer
reci e: MIT56
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etch time: 3 minutes
the last 2 microns
data 1 b 2
Table B-3: Process steps for preparing wafers 2 and 5.
Ste sProcess Comments Masks #
10 minutes
30 minutes
#4
75+
30 minutes
2.2 seconds
wall
coolin
OCG 9341:1
time: - 60 s
OCG825 2Kr m
30 minutes
7 minutes
10 minutes
30 minutes
#4
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wall
interconn
60 minutes
3*15*15 s
AZ440
time: -2 min
OCG825 2Kr m
20 minutes
reci e: Adam06
etch time: 1.5 hour
10 minutes
30 minutes
#4
13.5 s
hallow
inlect
AZ440
time: -2 min
mounted to 4 inch uatz wafer
reci e: TM02
etch time: 1 hour
etch through checking by Nikon
mlcrosco e
10 minutes
30 minutes
mounted to 4 inch silicon wafer
reci e: MIT56
etch time: 10 minutes
Table B-4: Process steps for preparing wafers 3 and 4.
Process Steps Comments
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10 minutes
30 minutes
#4
spin speed: 2k r m
30 minutes 90
4.8 seconds
OCG 934 1:11min
OCG825 2Kr m
30 minutes
etch rate: -20 Als
10 minutes
30 minutes
#4
30 minutes 90
4.8 seconds
OCG 9341:1 1min
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30 minutes
etch time: 1.5 hour
etch de th: 200
hotoresist on front side
reci e: MIT59
etch de th: 180 mm
etch de th: 200 mm
B.2 Recipes in the STS Etcher
The recipes used in the primary fabrication tool, the STS etcher for deep etches, are listed
below. TM-02 was developed by Nagle, RKT-04, by London, and the remaining recipes
were developed by Ay6n and colleagues. [London] [Ay6n]
Table B-5: Recipe RKT -04.
Parameter Passivation Etch Cycle Unit
Cycle Value Value
Platen power 0 120 Watt
Coil Power 600 600 Watt
Cycle time 9.5 15 sec
Over-run 0 0.5 sec
SF6 flow 0 140 sec
C4F8 flow 95 0 sccm
APC angle 62.5 62.5 degree
Table B-6: Recipe MIT-37.
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Parameter Passivation Etch Cycle Unit
Cycle Value Value
Platen power 0 120 Watt
Coil Power 600 600 Watt
Cycle time 11 15 sec
Over-run 0 0.5 sec
SF6 flow 0 140 sec
C4F8 flow 95 0 seem
APC angle 65 65 degree
Table B-7: Recipe MIT-59.
Parameter Passivation Etch Cycle Unit
Cycle Value Value
Platen power 0 120 Watt
Coil Power 600 750 Watt
Cycle time 11 15 sec
Over-run 0 0.5 sec
SF6 flow 0 105 sec
C4F8 flow 40 0 seem
APC angle 65 65 degree
Table B-8: Recipe TM-02.
Parameter Passivation Etch Cycle Unit
Cycle Value Value
Platen power 60 120 Watt
Coil Power 600 750 Watt
Cycle time 11 15 sec
Over-run 0 0.5 sec
SF6 flow 0 105 sec
C4F8 flow 60 0 seem
APC angle 62 65 degree
Table B-9: Recipe MIT-56.
Parameter Passivation Etch Cycle Unit
Cycle Value Value
Platen power 60 120 Watt
Coil Power 600 800 Watt
Cycle time 11 15 sec
Over-run 0 0.5 sec
SF6 flow 0 105 sec
C4F8 flow 40 0 seem
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Table B-10: Recipe MIT-51.
Parameter Passivation Etch Cycle Unit
Cycle Value Value
Platen power 20 120 Watt
Coil Power 600 600 Watt
Cycle time 7 14.8 sec
Over-run 0 0.7 sec
SF6 flow 0 136 sec
C4F8 flow 90 0 seem
APC angle 65 65 degree
Table B-11: Recipe SF6-4.
Parameter Etch Cycle Unit
Value
Platen power 120 Watt
Coil Power 950 Watt
SF6 flow 30 sec
APC angle 75 degree
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APPENDIX C
CLEANING PROCEDURES
This appendix lists the procedures used to prepare clean surfaces for anodic bonding
during packaging of the rocket motor. Cleaning was determined to be an extremely
critical step in that an improperly cleaned build could be completely ruined.
C.I Cleaning Procedure for Glass Pieces
e.l.l Removing Residue from Tape
When the glass wafer is diced into pieces, there is a possibility of contamination with
residue from the dicing tape. The cleaning procedure to remove the tape residue is as
follows:
1. Immerse in Trichloroethane for 10 minutes with ultrasonics to remove diesaw
tape reside.
2. Immerse in Acetone for 10 minutes with ultrasonics to remove TCA residue.
3. Immerse in Methanol for 10 minutes with ultrasonics to remove Acetone
residue.
4. Immerse in 2-Propanol for 10 minutes with ultrasonics to remove Methanol
residue.
5. Immerse in D.I. Water for 10 minutes with ultrasonics to remove solvent
residue.
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C.l.2 Removing Residue from Machine and Handling
Contamination of the glass pieces is also possible due to residue from the machine and
handling during the crystal bonding of the protection glass and drilling holes. The
cleaning procedure to remove possible residue is as follows:
1. Immerse in Acetone for 30 minutes to remove crystal from crystal bond.
2. Immerse in Methanol for 10minutes to clean off Acetone.
3. Immerse in IPA for 10minutes to clean off Methanol.
4. Immerse in D.1.Water for 20 minutes.
5. Immerse in Tetrachloroethane (TCE) for 10 minutes at 50°C to remove
grease.
6. Immerse in Acetone for 15minutes to remove TCE with ultrasonic.
7. Immerse in Methanol for 15minutes to clean off Acetone with ultrasonic.
8. Immerse in IPA for 15minutes to clean off Methanol with Ultrasonic.
9. Immerse in D.1.Water for 20 minutes.
10. Immerse in Double Piranha for 20 minutes.
11. Rinse with D.I. Water for 60 minutes with pH paper for make sure there is no
Piranha remaining.
12. Blow-dry the pieces.
C.2 Cleaning Procedure for Silicon Pieces
When the silicon wafer is diced into pieces, there is a possibility of contamination with
residue from the dicing tape. The cleaning procedure to remove the tape residue is as
follows:
1. Immerse in Acetone for 15minutes to remove residue tape during dicing.
2. Immerse in Methanol for 15minutes to clean off Acetone.
3. Immerse in IPA for 15minutes to clean off Methanol.
4. Immerse in D.1.Water for 20 minutes.
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5. Immerse in Double Piranha for 20 minutes.
6. Rinse with D.l. Water for 60 minutes with pH paper for make sure there is no
Piranha remaining.
7. Immerse in Hydrofluoric Acid (HF) for 3 minutes.
8. Rinse with D.I. Water for 60 minutes with pH paper for make sure there is no
HF remaining.
9. Ash for 2 hours to dry pieces.
C.3 Cleaning Procedure for Rocket Dies
Residue can also be left behind after cold flow testing and handling. The cleaning
procedure to remove residue is as follows:
1. Immerse in D.I. Water for 30 minutes to clean Ethanol from cold flow test.
2. Immerse in Tetrachloroethance (TCE) for 10 minutes at 50°C to remove
grease.
3. Immerse in Acetone for 30 minutes to remove TCE.
4. Immerse in Methanol for 30 minutes to clean off Acetone.
5. Immerse in IPA for 30 minutes to clean off Methanol.
6. Immerse in D.I. Water for 30 minutes.
7. Immerse in Double Piranha for 20 minutes.
8. Rinse with D.I. Water for 60 minutes with pH paper for make sure there is no
Piranha remaining.
9. Immerse in Hydrofluoric Acid (HF) for 3 minutes.
10. Rinse with D.I. Water for 60 minutes with pH paper for make sure there is no
HF remaining.
11. Ash for 2 hours to dry dies.
301
302
1. H+02<=>OH+0
2. H2+0<=>OH+H
3. H2+0H<=>H20+H
4. H20+0<=>20H
5. H+O+M<=>OH+M
H2 Enhanced by 2.500E+00
H20 Enhanced by 1.200E+01
CO Enhanced by 1.900E+00
C02 Enhanced by 3.800E+00
6. H2+02<=>20H
7. 2H+M<=>H2+M
H2 Enhanced by 2.500E+00
H20 Enhanced by 1.630E+01
CO Enhanced by 1.900E+00
C02 Enhanced by 3.800E+00
8. H+OH+M<=>H20+M
H2 Enhanced by 2.500E+00
H20 Enhanced by 1.200E+01
CO Enhanced by 1.900E+00
C02 Enhanced by 3.800E+00
9. 20+M<=>02+M
H2 Enhanced by 2.500E+00
H20 Enhanced by 1.200E+01
CO Enhanced by 1.900E+00
C02 Enhanced by 3.800E+00
10. H+02{+M)<=>H02{+M)
AR Enhanced by 5.000E-01
02 Enhanced by 3.000E-01
H20 Enhanced by 1.200E+01
CO Enhanced by 7.500E-01
C02 Enhanced by 1.500E+00
C2H6 Enhanced by 1.500E+00
Low pressure limit: 0.26000E+20 -0.12000E+01 O.OOOOOE+OO
TROE centering: O.OOOOOE+OO0.34500E+03 0.10000E+01 0.34500E+03
11. 0+OH+M<=>H02+M 1.00E+16 0.0 0.0
12. H02+H<=>20H 1.70E+14 0.0 874.8
13. H02+H<=>H2+02 4.28E+13 0.0 1410.1
14. H02+H<=>H20+0 3.10E+13 0.0 1720.8
APPENDIX D
CHEMKIN INPUTS
REACTIONS CONSIDERED A b E
3.52E+16 -0.7 17069.8
5.06E+04 2.7 6290.6
1.17E+09 1.3 3635.3
7.60E+00 3.8 12779.6
6.20E+16 -0.6 0.0
1.70E+13 0.0 47813.1
7.20E+17 -1.0 0.0
2.20E+22 -2.0 0.0
6.17E+15 -0.5 0.0
4.65E+12 0.4 0.0
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15. H02+0<=>OH+02
16. H02+0H<=>H20+02
17. 20H( +M)<=>H202( +M)
AR Enhanced by 7.000E-01
H2 Enhanced by 2.000E+00
H20 Enhanced by 6.000E+00
CO Enhanced by 1.500E+00
C02 Enhanced by 2.000E+00
CH4 Enhanced by 2.000E+00
C2H6 Enhanced by 3.000E+00
Low pressure limit: 0.23000E+19 -0.90000E+00 -0.17017E+04
TROE centering: 0.73500E+00 0.94000E+02 0.17560E+04 0.51820E+04
18.2H02<=>H202+02 3.02E+12 0.0 1386.2
19. H202+H<=>H02+H2 4.79E+13 0.0 7958.9
20. H202+H<=>H20+0H 1.00E+13 0.0 3585.1
21. H202+0H<=>H20+H02 7.08E+12 0.0 1434.0
22. H202+0<=>H02+0H 9.63E+06 2.0 3991.4
23. CO+OH<=>C02+H 4.40E+06 1.5 -740.9
24. CO+H02<=>C02+0H 6.03E+13 0.0 22944.5
25. CHO+M<=>CO+H+M 1.86E+17 -1.0 17000.5
H2 Enhanced by 1.900E+00
H20 Enhanced by 1.200E+01
CO Enhanced by 2.500E+00
C02 Enhanced by 2.500E+00
26. CHO+H<=>CO+H2
27. CHO+O<=>CO+OH
28. CHO+O<=>C02+H
29.CHO+OH<=>CO+H20
30. CHO+02<=>CO+H02
31. CH20+M<=>CHO+H+M
H2 Enhanced by 2.500E+00
H20 Enhanced by 1.630E+01
CO Enhanced by 1.900E+00
C02 Enhanced by 3.800E+00
32. N+NO=N2+0
33. N+02=NO+O .
34. N+OH=NO+H
35. H02+NO=N02+0H
36. N02+H=NO+OH
37. N02+N02=NO+NO+02
38. N02+0=NO+02
39. N02+N=NO+NO
40. N02+N=N20+0
41. N02+NH=HNO+NO
42. N02+NH=N20+0H
43. N02+NH2=N20+H20
44. N02+CN=NCO+NO
45. NO+N20=N2+N02
46. NO+N2H2=N20+NH2
47. NO+C=CN+O
48. NO+C=CO+N
49. NO+CH=CO+NH
50. NO+CH=CN+OH
51. NO+CH=HCN+O
52. NO+CH2=HOCN+H
53. NO+CH3=HCN+H20
2.00E+13 0.0
2.89E+13 0.0
7.40E+13 -0.4
1.00E+14 0.0
3.00E+13 0.0
3.00E+13 0.0
5.02E+13 0.0
3.00E+12 0.0
6.26E+16 0.0
3.27E+12
6.40E+09
3.80E+13
2.11E+12
3.50E+14
2.00E+12
1.00E+13
8.07E+11
1.00E+12
1.00E+11
9.71E+12
2.03E+17
3.00E+13
1.00E+14
3.00E+12
1.93E+13
2.89E+13
1.20E+13
1.20E+13
9.60E+13
1.39E+12
9.28E+11
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0.0
-497.1
0.0
0.0
0.0
0.0
0.0
0.0
77915.9
0.3
1.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.5
0.0
-1.7
0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0
0.0
6280.0
0.0
-479.0
1500.0
112.2
2.5
0.0
0.0
16.6
0.0
0.0
0.0
207.8
0.0
0.0
0.0
0.0
0.0
0.0
-4.6
69.9
54. NO+CH3=H2CN+OH 9.28E+11 0.0
55. NO+H02=HNO+02 2.00E+11 0.0
56. NO+HCCO=HOCN+CO 2.00E+13 0.0
57. NO+NH=N2+0H 3.20E+13 0.0
58. NO+NH=N20+H 4.16E+14 -0.5
59. NO+NH2=NNH+OH 2.41E+15 -1.2
60. NO+NH2=N2+H20 5.48E+15 -1.2
61. NO+NNH=N2+HNO 5.00E+13 0.0
62. NO+HNO=N20+0H 2.95E+05 0.0
63. NO+NCO=N20+CO 1.39E+18 -1.7
64. CH20+H<=>CHO+H2 1.26E+08 1.6
65. CH20+0<=>CHO+OH 3.50E+13 0.0
66. CH20+0H<=>CHO+H20 3.90E+10 0.9
67. CH4+H<=>H2+CH3 1.30E+04 3.0
68. CH4+0H<=>H20+CH3 1.60E+07 1.8
69. CH4+0<=>CH3+0H 1.90E+09 1.4
70. CH4+02<=>CH3+H02 3.98E+13 0.0
71. CH4+H02<=>CH3+H202 9.03E+12 0.0
72. CH3+H<=>T-CH2+H2 1.80E+14 0.0
73. CH3+H<=>S-CH2+H2 1.55E+14 0.0
74. CH3+0H<=>S-CH2+H20 1.00E+13 0.0
75. CH3+0<=>CH20+H 8.43E+13 0.0
76. CH3+T-CH2<=>C2H4+H 4.22E+13 0.0
77. CH3+H02<=>CH30+0H 2.00E+13 0.0
78. CH3+02<=>CH20+0H 3.30E+11 0.0
79. CH3+02<=>CH30+0 1.33E+14 0.0
80. 2CH3<=>C2H4+H2 1.00E+14 0.0
81.2CH3<=>C2H5+H 3.16E+13 0.0
82. CH3+H(+M)<=>CH4(+M) 2.11E+14 0.0
Lowpressurelimit: 0.62600E+24-0.18000E+01 O.OOOOOE+OO
TROEcentering: 0.63000E+00 0.61000E+02 0.33150E+04 0.10000E+51
83.2CH3(+M)<=>C2H6(+M) 1.81E+13 0.0 0.0
Lowpressurelimit: 0.12700E+42-0.70000E+01 0.27629E+04
TROEcentering: 0.62000E+00 0.73000E+02 0.11800E+04 0.10000E+51
84. CH30H+OH<=>CH20H+H20 1.44E+06 2.0 -838.9
85. CH30H+OH<=>CH30+H20 6.30E+06 2.0 1505.7
86. CH30H+H<=>CH20H+H2 1.64E+07 2.0 4517.2
87. CH30H+H<=>CH30+H2 3.83E+07 2.0 5855.6
88. CH30H+O<=>CH20H+OH 1.00E+13 0.0 4684.5
89. CH30H+H02<=>CH20H+H202 6.20E+12 0.0 19383.4
90. CH30H+02<=>CH20H+H02 2.00E+13 0.0 44933.1
91. S-CH2+0H<=>CH20+H 3.00E+13 0.0 0.0
92. S-CH2+02<=>CO+OH+H 3.13E+13 0.0 0.0
93. S-CH2+C02<=>CO+CH20 3.00E+12 0.0 0.0
94. S-CH2+M<=>T-CH2+M 6.00E+12 0.0 0.0
H2 Enhancedby 2.400E+00
H20 Enhancedby 1.540E+01
CO Enhancedby 1.800E+00
C02 Enhancedby 3.600E+00
95. T-CH2+H<=>CH+H2
96. T-CH2+0H<=>CH20+H
97. T-CH2+0H<=>CH+H20
98. T-CH2+0<=>CO+2H
99. T-CH2+0<=>CO+H2
100.T-CH2+02<=>C02+H2
101.T-CH2+02<=>CO+OH+H
6.02E+12
2.50E+13
1.13E+07
8.00E+13
4.00E+13
2.63E+13
6.58E+13
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69.9
8.3
0.0
53.2
0.0
0.0
0.0
0.0
0.0
3.2
2165.4
3513.4
406.3
8037.8
2782.0
8675.9
56890.5
24641.5
15105.2
13479.9
2502.4
0.0
0.0
0.0
8941.2
31405.3
32002.9
14698.9
0.0
0.0 -1787.8
0.0 0.0
2.0 2999.5
0.0 0.0
0.0 0.0
0.0 1491.4
0.0 1491.4
102.2T-CH2<=>C2H2+2H
103.CH+O<=>CO+H
104.CH+02<=>CHO+O
105.CH+H20<=>CH20+H
106.CH+C02<=>CHO+CO
107.CH20H+H<=>CH20+H2
108.CH20H+H<=>CH3+0H
109.CH20H+OH<=>CH20+H20
110.CH20H+02<=>CH20+H02
111.CH20H+M<=>CH20+H+M
H2 Enhancedby 2.400E+00
H20 Enhancedby 1.540E+01
CO Enhancedby 1.800E+00
C02 Enhancedby 3.600E+00
112.CH30+H<=>CH20+H2
113.CH30+H<=>S-CH2+H20
114.CH30+0H<=>CH20+H20
115.CH30+0<=>OH+CH20
116.CH30+02<=>CH20+H02
11~CH30+M<=>CH20+H+M
118.CH30+M<=>CH20H+M
H2 Enhancedby 2.500E+00
H20 Enhancedby 1.200E+01
CO Enhancedby 1.900E+00
C02 Enhancedby 3.800E+00
119.C2H6+H<=>C2H5+H2 5.40E+02 3.5
120.C2H6+0<=>C2H5+0H 1.40E+00 4.3
121.C2H6+0H<=>C2H5+H20 2.20E+07 1.9
122.C2H6+CH3<=>C2H5+CH4 5.50E-01 4.0
123.C2H6(+M)<=>C2H5+H(+M) 8.85E+20 -1.2
Lowpressurelimit: 0.49000E+43-0.64300E+01 0.10717E+06
TROEcentering: 0.84000E+00 0.12500E+03 0.22190E+04 0.68820E+04
124.C2H5+H<=>C2H4+H2 3.00E+13 0.0 0.0
125.C2H5+0<=>C2H4+0H 3.06E+13 0.0 0.0
126.C2H5+0<=>CH3+CH20 4.24E+13 0.0 0.0
127.C2H5+02<=>C2H4+H02 2.00E+12 0.0 4995.2
128.C2H5(+M)<=>C2H4+H(+M) 1.11E+10 1.0 36768.6
Lowpressurelimit: 0.39900E+34-0.49900E+01 0.40000E+05
TROEcentering: 0.83200E+00 0.10000E-49 0.12030E+04 0.10000E+51
129.C2H4+H<=>C2H3+H2 4.49E+07 2.1 13360.4
130.C2H4+0H<=>C2H3+H20 5.53E+05 2.3 2963.7
131.C2H4+0<=>CH3+CHO 2.25E+06 2.1 0.0
132.C2H4+0<=>CH2CHO+H 1.21E+06 2.1 0.0
133.2C2H4<=>C2H3+C2H5 5.01E+14 0.0 64700.1
134.C2H4+02<=>C2H3+H02 4.22E+13 0.0 57623.1
135.C2H4+H02<=>C2H40+0H 2.23E+12 0.0 17189.3
136.C2H40+H02<=>CH3+CO+H202 4.00E+12 0.0 17007.7
137.C2H4+M<=>C2H3+H+M 2.60E+17 0.0 96568.1
138.C2H4+M<=>C2H2+H2+M 3.50E+16 0.0 71532.0
139.C2H3+H<=>C2H2+H2 1.21E+13 0.0 0.0
140.C2H3(+M)<=>C2H2+H(+M) 6.38E+09 1.0 37626.7
Lowpressurelimit: 0.15100E+15 0.10000E+00 0.32686E+05
TROEcentering: 0.70000E+00 0.10000E-49 0.10000E+51 0.10000E+51
141.C2H3+02<=>CH20+CHO 1.70E+29 -5.3 6503.1
142.C2H3+02<=>CH2CHO+O 7.00E+14 -0.6 5262.4
143.C2H3+02<=>C2H2+H02 5.19E+15 -1.3 3312.6
1.00E+14
4.00E+13
1.77E+11
1.17E+15
4.80E+01
3.00E+13
1.75E+14
2.40E+13
5.00E+12
5.00E+13
2.00E+13
1.60E+13
5.00E+12
1.00E+13
4.28E-13
1.00E+13
1.00E+14
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0.0
0.0
0.8
-0.8
3.2
0.0
0.0
0.0
0.0
0.0
0.0
0.0
-478.0
0.0
-3226.6
0.0
2796.4
0.0
0.0
25119.5
0.0
0.0
0.0
0.0
7.6
0.0
0.0
0.0
0.0
0.0
0.0
-3537.3
13503.8
19120.5
5210.3
2772.5
1123.3
8293.5
102222.8
144.CH2CHO<=>CH2CO+H 1.05E+37 -7.2
145.C2H2+0<=>HCCO+H 4.00E+14 0.0
146.C2H2+0<=>T-CH2+CO 1.60E+14 0.0
147.C2H2+02<=>CH20+CO 4.60E+15 -0.5
148.C2H2+0H<=>CH2CO+H 1.90E+07 1.7
149.C2H2+0H<=>C2H+H20 3.37E+07 2.0
150.CH2CO+H<=>CH3+CO 1.11E+07 2.0
151.CH2CO+O<=>T-CH2+C02 2.00E+13 0.0
152.CH2CO+O<=>HCCO+OH 1.00E+13 0.0
153.CH2CO+OH<=>CH20H+CO 1.02E+13 0.0
154.CH2CO+CH3<=>C2H5+CO 9.00E+10 0.0
155.HCCO+H<=>S-CH2+CO 1.50E+14 0.0
156.HCCO+OH<=>CHO+CO+H 2.00E+12 0.0
157.HCCO+O<=>2CO+H 9.64E+13 0.0
158.HCCO+02<=>2CO+OH 2.88E+07 1.7
159.HCCO+02<=>C02+CO+H 1.40E+07 1.7
160.C2H+OH<=>HCCO+H 2.00E+13 0.0
161.C2H+O<=>CO+CH 1.02E+13 0.0
162.C2H+02<=>HCCO+O 6.02E+11 0.0
163.C2H+02<=>CH+C02 4.50E+15 0.0
164.C2H+02<=>CHO+CO 2.41E+12 0.0
165.C2H2+S-CH2<=>C3H3+H 8.00E+13 0.0
166.C2H2+S-CH2<=>C3H4 8.00E+13 0.0
167.C2H2+T-CH2<=>C3H4 1.20E+13 0.0
168.C2H2+CH3<=>C3H4+H 6.74E+19 -2.1
169.C3H4+0<=>CH20+C2H2 1.00E+12 0.0
170.C3H4+0<=>CHO+C2H3 1.00E+12 0.0
171.C3H4+0H<=>CH20+C2H3 1.00E+12 0.0
172.C3H4+0H<=>CHO+C2H4 1.00E+12 0.0
173.C3H4<=>C3H3+H 5.00E+14 0.0
174.C3H5<=>C3H4+H 3.98E+13 0.0
175.C3H5+H<=>C3H4+H2 1.00E+13 0.0
176.C3H5+02<=>C3H4+H02 6.00E+11 0.0
177.C2H4+S-CH2<=>C3H6 6.60E+13 0.0
178.C2H4+T-CH2<=>C3H6 1.80E+10 0.0
179.C3H5+H(+M}<=>C3H6(+M} 2.00E+14 0.0
Lowpressurelimit: 0.13300E+61-0.12000E+020.59680E+04
TROEcentering: 0.20000E-010.10970E+04 0.10970E+04 0.68600E+04
180.C2H3+CH3(+M}<=>C3H6(+M} 2.50E+13 0.0 0.0
Lowpressurelimit: 0.42700E+59-0.11940E+020.97705E+04
TROEcentering: 0.17500E+000.13410E+04 0.60000E+05 0.10140E+05
181.C3H6<=>C2H2+CH4 3.50E+12 0.0 70001.7
182.H+C3H6<=>C3H5+H2 5.00E+12 0.0 1505.7
183.C3H6+0<=>C2H4+CH20 5.90E+13 0.0 5019.1
184.C3H6+0<=>C2H5+CHO 3.60E+12 0.0 0.0
185.C3H6+0H<=>C2H5+CH20 7.90E+12 0.0 0.0
186.C3H6+0H<=>C3H5+H20 4.00E+12 0.0 0.0
187.CH3+C3H6<=>CH4+C3H5 8.96E+12 0.0 8508.6
188.C3H6+C2H5<=>C3H5+C2H6 1.00E+11 0.0 9201.7
189.N-C3H7(+M}<=>CH3+C2H4(+M} 1.23E+13 -0.1 30210.3
Lowpressurelimit: 0.54900E+50-0.10000E+020.35779E+05
TROEcentering: -0.11700E+010.25100E+03 0.10000E-14 0.11850E+04
190.N-C3H7(+M}<=>H+C3H6(+M} 1.67E+14 0.0 38766.7
Lowpressurelimit: 0.78810E+40-0.66600E+010.42495E+05
TROEcentering: O.OOOOOE+OO0.13100E+04 0.10000E+04 0.48100E+05
191.N-C3H7+02<=>C3H6+H02 9.00E+10 0.0 0.0
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44340.3
10659.7
9894.8
44933.1
999.0
14001.0
2000.5
2294.5
2000.5
0.0
0.0
0.0
0.0
0.0
1001.4
1001.4
0.0
0.0
0.0
25095.6
0.0
0.0
0.0
6620.5
31591.8
0.0
0.0
0.0
0.0
88432.1
70052.6
0.0
10014.3
0.0
0.0
0.0
192.C3H8(+M)<=>CH3+C2H5(+M) 1.10E+17 0.0 84392.9
Lowpressurelimit: 0.78300E+19O.OOOOOE+OO0.64978E+05
TROEcentering: 0.24000E+000.38000E+02 0.19460E+04 0.10000E+51
193.C3H8+02<=>I-C3H7+H02 4.00E+13 0.0 47500.0
194.C3H8+02<=>N-C3H7+H02 4.00E+13 0.0 47500.0
195.C3H8+H<=>I-C3H7+H2 1.30E+06 2.4 4471.1
196.C3H8+H<=>N-C3H7+H2 1.33E+06 2.5 6761.5
197.C3H8+0<=>I-C3H7+0H 4.76E+04 2.7 2107.3
198.C3H8+0<=>N-C3H7+0H 1.90E+05 2.7 3718.4
199.C3H8+0H<=>I-C3H7+H20 4.67E+07 1.6 -34.9
200. C3H8+0H<=>N-C3H7+H20 1.05E+10 1.0 1586.0
201. C3H8+H02<=>I-C3H7+H202 9.64E+03 2.6 13917.3
202. C3H8+H02<=>N-C3H7+H202 4.76E+04 2.5 16491.4
203. I-C3H7+C3H8<=>N-C3H7+C3H8 8.40E-03 4.2 8675.9
204. I-C3H7(+M)<=>C3H6+H(+M) 8.76E+07 1.8 35509.3
Lowpressurelimit: 0.21670E+18O.OOOOOE+OO0.28217E+05
TROEcentering: 0.10000E+010.10000E+04 0.26000E+03 0.30000E+04
205. I-C3H7+02<=>C3H6+H02 1.30E+11 0.0 0.0
206. C4H6=>C2H2+C2H3+H 1.58E+16 0.0 109995.2
207.C4H6=>2C2H3 1.80E+13 0.0 85126.7
208.2C2H3=>C4H6 1.26E+13 0.0 0.0
209.C4H6+H=>C2H3+C2H4 5.00E+11 0.0 0.0
210. C4H6+H=>H2+C2H2+C2H3 6.30E+10 0.7 6001.4
211. C4H6+0H=>CHO+H+C3H5 5.00E+12 0.0 0.0
212. C4H6+CH3=>CH4+C2H2+C2H3 7.00E+13 0.0 18413.0
213. C3H3+CH3=>C4H6 5.00E+12 0.0 0.0
214. C5H8=>C3H6+C2H2 1.00E+16 0.0 72932.6
215. C5H8=>C3H4+C2H4 3.16E+12 0.0 57074.6
216. C5H8=>C3H5+C2H3 3.16E+12 0.0 57074.6
217. C5H8+02=>C2H2+C3H5+H02 3.00E+12 0.0 0.0
218. C5H8+02=>C2H3+C3H4+H02 3.00E+12 0.0 0.0
219.C5H8+H02=>C2H2+C3H5+H202 1.00E+14 0.0 0.0
220. C5H8+H02=>C2H3+C3H4+H202 1.00E+14 0.0 0.0
221. JP10=>H+C3H3+C2H4+C5H8 6.00E+16 0.0 98047.3
222. JP10=>H+C3H5+C2H2+C5H8 6.00E+16 0.0 98135.8
223. JP10=>C2H2+2C2H4+C4H6 5.00E+16 0.0 85444.6
224. JP10+H=>H2+C3H3+C2H4+C5H8 1.32E+06 2.5 6766.2
225. JP10+0=>OH+C3H3+C2H4+C5H8 2.88E+06 2.4 5499.5
226. JP10+0H=>H20+C3H3+C2H4+C5H8 1.74E+07 1.8 980.4
227. JP10+02=>H02+C3H3+C2H4+C5H8 3.98E+13 0.0 50924.9
228. JP10+H02=>H202+C3H3+C2H4+C5H8 4.76E+04 2.5 16508.1
229. JP10+H=>H2+C3H5+C2H2+C5H8 2.60E+06 2.4 4471.8
230. JP10+0=>OH+C3H5+C2H2+C5H8 2.76E+05 2.6 1912.0
231. JP10+0H=>H20+C3H5+C2H2+C5H8 3.80E+06 2.0 -597.5
232. JP10+02=>H02+C3H5+C2H2+C5H8 7.92E+13 0.0 47612.3
233. JP10+H02=>H202+C3H5+C2H2+C5H8 1.93E+04 2.6 13907.7
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APPENDIX E
EXAMPLE CEA INPUT AND OUTPUT
FILES
E.I Oxygen/Methane Combustion
The following CEA input and output files are for gaseous oxygen and methane
combustion at chamber pressure of30 bar and an o/fratio by mass of2.3.
s.i.i Input File
# Subsonic in chern equilibrium to throat:
problem rocket fac ac=16 equilibrium 0/f=2.3
case=l p,bar=30 subar=13,10,5,2
reactants
fuel CH4 , wt% 100.0 t(k) 300.
oxid = 02 , wt% 100.0 t(k) 300.
output siunits short transport
end
#
# Supersonic chern frozen after throat:
#
problem rocket fac ac=16 nfz=3 0/f=2.3
case=2 p,bar=30 supar=2,3,4,6,8,10,12,15
reactants
fuel CH4 , wt% 100.0 t(k) 300.
oxid = 02 , wt% 100.0 t(k) 300.
output siunits short transport
end
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E.l.2 Output File
* ..'It * ..'It .. 'It 'It 'It * 'It * * * ..'It 'It 'It 'It 'It 'It ." ..
NASA-LEWIS CHEMICAL EQUILIBRIUM PROGRAM CEA, AUGUST 1995
BY BONNIE MCBRIDE AND SANFORD GORDON
REFS: NASA RP-1311, OCTOBER 1994 AND NASA RP-
problem rocket fac ac=16 equilibrium 0/f=2.3
case=l p,bar=30 subar=13,10,5,2
reactants
fuel CH4 , wt% 100.0 t(k) 300.
oxid = 02 ,wt% 100.0 t(k) 300.
output siunits short transport
end
END OF CHAMBER ITERATIONS
THEORETICAL ROCKET PERFORMANCE ASSUMING EQUILIBRIUM
COMPOSITION DURING EXPANSION FROM FINITE AREA COMBUSTOR
Pinj = 435.1 PSIA
Ac/At = 16.0000 Pinj /pinf = 1. 000812
CASE = 1
REACTANT WT FRACTION ENERGY TEMP
(SEE NOTE) KJ/KG-MOL K
FUEL CH4 1.0000000 -74533.907 300.000
OXIDANT 02 1.0000000 54.358 300.000
O/F= 2.30000 %FUEL= 30.303031 R, EQ.RATIO= 1. 734430 PHI,EQ.RATIO= 1. 734430
INJECTOR COMB END THROAT EXIT EXIT EXIT EXIT
pinj/P 1.0000 1.0016 1. 7648 1. 0020 1. 0029 1.0093 1.0601
P, BAR 30.000 29.951 16.999 29.939 29.913 29.724 28.299
T, K 3079.37 3078.98 2841. 50 3078.81 3078.45 3075.78 3055.15
RHO, KG/CU M 2.0373 0 2.0343 0 1.2588 0 2.0336 0 2.0321 0 2.0211 0 1. 9384 0
H, KJ/KG -1406.68 -1407.88 -2207.11 -1408.49 -1409.75 -1419.10 -1491.06
U, KJ/KG -2879.19 -2880.19 -3557.54 -2880.72 -2881. 79 -2889.74 -2950.95
G, KJ/KG -44633 .3 -44630.3 -42095.7 -44628.4 -44624.6 -44596.5 -44378.9
S, KJ/ (KG) (K) 14.0375 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379
M, (l/n) 17.388 17.388 17.495 17.388 17.388 17.389 17.400
(dLV/dLP)t -1.00763 -1. 00763 -1. 00440 -1.00762 -1.00762 -1.00757 -1.00725
(dLV/dLT)p 1.1483 1.1483 1. 0917 1.1482 1.1481 1.1474 1.1420
Cp, KJ/ (KG) (K) 4.0246 4.0242 3.5214 4.0238 4.0230 4.0170 3.9707
GAMMAs 1.1751 1.1752 1.1855 1.1752 1.1752 1.1753 1.1760
SON VEL,M/SEC 1315.5 1315.4 1265.3 1315.3 1315.3 1314.7 1310.3
MACH NUMBER 0.000 0.037 1.000 0.046 0.060 0.120 0.314
TRANSPORT PROPERTIES (GASES ONLY)
CONDUCTIVITY IN UNITS OF MILLIWATTS/(CM) (K)
VISC, MILLIPOISE 0.94382 0.94373 0.89062 0.94369 0.94362 0.94302 0.93845
WITH EQUILIBRIUM REACTIONS
Cp, KJ/ (KG) (K) 4.0246 4.0242 3.5214 4.0238 4.0230 4.0170 3.9707
CONDUCTIVITY 8.8820 8.8805 6.9898 8.8790 8.8760 8.8536 8.6812
PRANDTL NUMBER 0.4277 0.4277 0.4487 0.4277 0.4277 0.4279 0.4292
WITH FROZEN REACTIONS
Cp, KJ/ (KG) (K) 2.6169 2.6168 2.5873 2.6168 2.6168 2.6165 2.6141
CONDUCTIVITY 4.0876 4.0872 3.7925 4.0870 4.0865 4.0832 4.0574
PRANDTL NUMBER 0.6042 0.6042 0.6076 0.6042 0.6042 0.6043 0.6046
PERFORMANCE PARAMETERS
Ae/At 16.001 1.0000 13.000 10.000 5.0000 2.0000
CSTAR, M/SEC 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1
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CP 0.0260 0.6723 0.0320 0.0416 0.0837 0.2183
Ivac, M/SEC 30140.9 2332.6 24499.4 18860.8 9489.1 3964.5
Isp, M/SEC 48.9 1265.3 60.2 78.4 157.6 410.8
MOLE FRACTIONS
*CO 0.27861 0.27861 0.27765 0.27861 0.27861 0.27860 0.27855
*C02 0.04980 0.04981 0.05281 0.04981 0.04981 0.04985 0.05010
*H 0.01915 0.01914 0.01212 0.01914 0.01912 0.01904 0.01838
HCO 0.00001 0.00001 0.00001 0.00001 0.00001 0.00001 0.00001
*H2 0.27342 0.27343 0.27864 0.27343 0.27344 0.27350 0.27393
H2O 0.36931 0.36932 0.37386 0.36932 0.36933 0.36940 0.36992
*0 0.00039 0.00039 0.00013 0.00038 0.00038 0.00038 0.00035
*OH 0.00909 0.00908 0.00473 0.00908 0.00907 0.00901 0.00857
*02 0.00020 0.00020 0.00007 0.00020 0.00020 0.00020 0.00019
* THERMODYNAMIC PROPERTIES PITTED TO 20000.K
NOTE. WEIGHT PRACTION OP FUEL IN TOTAL FUELS AND OP OXIDANT IN TOTAL OXIDANTS
Supersonic chem frozen after throat:
problem rocket fac ac=16 nfz=3 0/f=2.3
case=2 p,bar=30 supar=2,3,4,6,8,10,12,15
reactants
fuel CH4 , wt% 100.0 t(k) 300.
oxid = 02 ,wt% 100.0 t(k) 300.
output siunits short transport
end
END OP CHAMBER ITERATIONS
THEORETICAL ROCKET PERFORMANCE ASSUMING EQUILIBRIUM
COMPOSITION DURING EXPANSION PROM PINITE AREA COMBUSTOR
Pinj = 435.1 PSIA
Ac/At = 16.0000 pinj/pinf = 1.000812
CASE = 2
REACTANT WT FRACTION ENERGY TEMP
(SEE NOTE) KJ/KG-MOL K
PUEL CH4 1.0000000 -74533.907 300.000
OXIDANT 02 1.0000000 54.358 300.000
O/P= 2.30000 %FUEL= 30.303031 R,EQ.RATIO= 1.734430 PHI, EQ.RATIO= 1.734430
INJECTOR COMB END THROAT EXIT EXIT EXIT EXIT EXIT EXIT EXIT EXIT
pinj/P 1.0000 1.0016 1.7648 8.3548 15.599 23.781 42.310 63.083 85.633 109.66 148.03
P, BAR 30.000 29.951 16.999 3.5907 1.9232 1.2615 0.70905 0.47556 0.35033 0.27357 0.20267
T, K 3079.37 3078.98 2841.50 2202.39 1964.51 1814.47 1624.97 1504.35 1417.98 1351. 80 1275.89
RHO, KG/CU M 2.0373 0 2.0343 0 1.2588 0 3.4571-1 2.0772-1 1.4754-1 9.2610-2 6.7095-2 5.2438-2 4.2954-2 3.3713-2
H, KJ/KG -1406.68 -1407.88 -2207.11 -4059.70 -4672 .54 -5047.86 -5514.28 -5808.60 -6018.94 -6180.28 -6365.94
U, KJ/KG -2879.19 -2880.19 -3557.54 -5098.37 -5598.39 -5902.85 -6279.91 -6517.39 -6687.03 -6817.18 -6967.08
G, KJ/KG -44633.3 -44630.3 -42095.7 -34976.6 -32250.1 -30519.2 -28325.4 -26926.5 -25924.4 -25156.6 -24276.7
S, KJ/ (KG) (K) 14.0375 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379
M, (lin) 17.388 17.388 17.495 17.630 17.642 17.645 17.647 17.647 17.647 17.647 17.647
(dLV/dLP)t -1.00763 -1.00763 -1.00440 -1.00048 -1.00014 -1.00005 -1.00001 -1.00000 -1.00000 -1.00000 -1.00000
(dLV/dLT)p 1.1483 1.1483 1.0917 1.0124 1.0040 1.0016 1.0004 1.0001 1.0001 1.0000 1.0000
ce. KJ/ (KG) (K) 4.0246 4.0242 3.5214 2.6693 2.5353 2.4846 2.4469 2.4363 2.4359 2.4406 2.4525
GAKKAs 1.1751 1.1752 1.1855 1.2204 1.2304 1.2349 1.2387 1.2398 1.2398 1.2393 1.2378
SON VEL,M/SEC 1315.5 1315.4 1265.3 1125.9 1067.3 1027.5 973.9 937.4 910.1 888.4 862.6
HACH NUMBER 0.000 0.037 1.000 2.046 2.395 2.626 2.943 3.165 3.337 3.478 3.651
TRANSPORT PROPERTIES (GASES ONLY)
CONDUCTIVITY IN UNITS OP MILLIWATTS/(CK)(K)
VISC, MILLlPOISE 0.94382 0.94373 0.89062 0.74200 0.68406 0.64661 0.59815 0.56655 0.54350 0.52558 0.50471
WITH EQUILIBRIUM REACTIONS
Cp, KJ/ (KG) (K) 4.0246 4.0242 3.5214 2.6693 2.5353 2.4846 2.4469 2.4363 2.4359 2.4406 2.4525
CONDUCTIVITY 8.8820 8.8805 6.9898 3.5724 2.9553 2.6857 2.4268 2.2925 2.2069 2.1467 2.0836
PRANDTL NUMBER 0.4277 0.4277 0.4487 0.5544 0.5868 0.5982 0.6031 0.6021 0.5999 0.5975 0.5941
WITH PROZEN REACTIONS
Cp, KJ/(KG)(K) 2.6169 2.6168 2.5873 2.4812 2.4287 2.3910 2.3382 2.3015 2.2738 2.2520 2.2265
CONDUCTIVITY 4.0876 4.0872 3.7925 3.0161 2.7309 2.5520 2.3282 2.1880 2.0894 2.0150 1.9315
PRANDTL NUMBER 0.6042 0.6042 0.6076 0.6104 0.6084 0.6058 0.6007 0.5959 0.5915 0.5874 0.5818
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PERFORMANCE PARAMETERS
Ae/At 16.001 1.0000 2.0000 3.0000 4.0000 6.0000 8.0000 10.000 12.000 15.000
CSTAR. M/SEC 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1
CF 0.0260 0.6723 1. 2239 1.3579 1.4338 1.5229 1.5765 1. 6137 1.6417 1. 6733
Ivac. M/SEC 30140.9 2332.6 2754.4 2918.0 3015.4 3133.3 3206.0 3257.2 3296.0 3340.2
Isp. M/SEC 48.9 1265.3 2303.5 2555.7 2698.6 2866.2 2967.1 3037.2 3089.9 3149.4
MOLE FRACTIONS
*CO 0.27861 0.27861 0.27765 0.26893 0.26216 0.25632 0.24642 0.23808 0.23079 0.22427 0.21558
*C02 0.04980 0.04981 0.05281 0.06408 0.07107 0.07698 0.08690 0.09525 0.10254 0.10906 0.11775
*H 0.01915 0.01914 0.01212 0.00164 0.00050 0.00020 0.00005 0.00002 0.00001 0.00000 0.00000
HCO 0.00001 0.00001 0.00001 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000
*H2 0.27342 0.27343 0.27864 0.29444 0.30204 0.30812 0.31813 0.32649 0.33379 0.34032 0.34901
H2O 0.36931 0.36932 0.37386 0.37062 0.36416 0.35837 0.34850 0.34016 0.33287 0.32635 0.31766
*0 0.00039 0.00039 0.00013 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000
*OH 0.00909 0.00908 0.00473 0.00029 0.00006 0.00002 0.00000 0.00000 0.00000 0.00000 0.00000
*02 0.00020 0.00020 0.00007 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000 0.00000
* THERMODYNAMIC PROPERTIES FITTED TO 20000. K
NOTE. WEIGHT FRACTION OF FUEL IN TOTAL FUELS AND OF OXIDANT IN TOTAL OXIDANTS
WARNING! ! FOR FROZEN PERFORMANCE. SUBSONIC AREA
RATIOS WERE OMITTED SINCE nfz IS GREATER THAN 1 (ROCKET)
THEORETICAL ROCKET PERFORMANCE ASSUMING FROZEN COMPOSITION
AFTER POINT 3
Pinj = 435.1 PSIA
Ac/At = 16.0000 pinj/pinf 1. 000812
CASE = 2
REACTANT WT FRACTION ENERGY TEMP
(SEE NOTE) KJ/KG-MOL K
FUEL CH4 1. 0000000 -74533.907 300.000
OXIDANT 02 1. 0000000 54.358 300.000
O/F= 2.30000 %FUEL= 30.303031 R,EQ.RATIO= 1.734430 PHI, EQ. RATIO= 1. 734430
INJECTOR COMB END THROAT EXIT EXIT EXIT EXIT EXIT EXIT EXIT EXIT
pinj/p 1. 0000 1.0016 1.7648 8.6904 16.301 24.942 44.682 67.075 91. 663 118.15 161.01
p. BAR 30.000 29.951 16.999 3.4521 1.8403 1.2028 0.67141 0.44726 0.32729 0.25391 0.18633
T. K 3079.37 3078.98 2841. 50 2104.93 1861.08 1709.28 1517.02 1393.21 1303.38 1233.67 1152.56
RHO, KG/CU M 2.0373 0 2.0343 0 1.2588 0 3.4508-1 2.0807-1 1.4807-1 9.3127-2 6.7550-2 5.2837-2 4.3307-2 3.4016-2
H. KJ/KG -1406.68 -1407.88 -2207.11 -4069.32 -4661.54 -5022.19 -5468.76 -5749.56 -5949.63 -6102.64 -6278.07
U. KJ/KG -2879.19 -2880.19 -3557.54 -5069.69 -5546.02 -5834.53 -6189.73 -6411. 69 -6569.06 -6688.94 -6825.83
G. KJ/KG -44633.3 -44630.3 -42095.7 -33618.1 -30787.2 -29016.9 -26764.6 -25307.2 -24246.3 -23420.7 -22457.5
s. KJ/ (KG) (K) 14.0375 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379 14.0379
M. (l/n) 17.388 17.388 17.495 17.495 17.495 17.495 17.495 17.495 17.495 17.495 17.495
Cp, KJ/ (KG) (K) 4.0246 4.0242 3.5214 2.4580 2.3974 2.3535 2.2904 2.2448 2.2093 2.1803 2.1453
GAMMAs 1.1751 1.1752 1.1855 1.2397 1. 2473 1.2530 1.2618 1.2686 1.2741 1.2787 1.2846
SON VEL.M/SEC 1315.5 1315.4 1265.3 1113.6 1050.3 1008.9 953.8 916.5 888.4 865.9 838.8
MACH NUMBER 0.000 0.037 1.000 2.072 2.429 2.665 2.988 3.216 3.393 3.539 3.721
TRANSPORT PROPERTIES (GASES ONLY)
CONDUCTIVITY IN UNITS OF MILLIWATTS/ (CM) (K)
VISC.MILLIPOISE 0.94382 0.94373 0.89062 0.71557 0.65372 0.61392 0.56177 0.52697 0.50101 0.48040 0.45582
WITH FROZEN REACTIONS
Cpo KJ/ (KG) (K) 2.6169 2.6168 2.5873 2.4580 2.3974 2.3535 2.2904 2.2448 2.2093 2.1803 2.1453
CONDUCTIVITY 4.0876 4.0872 3.7925 2.8733 2.5579 2.3590 2.1043 1. 9391 1.8189 1. 7255 1. 6170
PRANDTL NUMBER 0.6042 0.6042 0.6076 0.6121 0.6127 0.6125 0.6114 0.6100 0.6085 0.6070 0.6047
PERFORMANCE PARAMETERS
Ae/At 16.001 1.0000 2.0000 3.0000 4.0000 6.0000 8.0000 10.000 12.000 15.000
CSTAR, M/SEC 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1 1882.1
CF 0.0260 0.6723 1.2261 1.3556 1.4287 1.5144 1.5659 1. 6015 1. 6283 1.6584
rvac, M/SEC 30140.9 2332.6 2741.2 2898.1 2991.1 3103.2 3171.8 3219.8 3255.9 3296.8
Isp, M/SEC 48.9 1265.3 2307.7 2551.4 2689.1 2850.3 2947.2 3014.3 3064.6 3121. 3
MOLE FRACTIONS
*CO 0.27765 *C02 0.05281 *H 0.01212
HCO 0.00001 *H2 0.27864 H2O 0.37386
*0 0.00013 *OH 0.00473 *02 0.00007
* THERMODYNAMIC PROPERTIES FITTED TO 20000.K
NOTE. WEIGHT FRACTION OF FUEL IN TOTAL FUELS AND OF OXIDANT IN TOTAL OXIDANTS
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APPENDIX F
EXPERIMENTAL CHECKLISTS
The following tables are the experimental checklists used in testing the gaseous motors.
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F.l Microrocket Prepare Test Cell Checklist
Microrocket Prepare Test Cell Checklist (Cl1)
Last
Update: 7-Dec-02
Date:~
Time:
Who:
Action Notes:
Coolant Fill
Close He ball valve
Open Coolant tank vent
Open Coolant fill isolation valve
Fill with coolant
Close Coolant fill isolation valve
Close Coolant tank vent
Open He ball valve
coolant: 11- _
Initial Coolant Fill of Rocket Die
Close coolant throttle valves
Open 2 vacuum isolation valves
Run vacuum pump until evacuated
Close vacuum/coolant isolation valve
Open coolant tank vent & fill isolation valves
Manually open coolant flow valve and hold to fill
Open coolant throttle valves
Video
Turn on IR camera; allow to cool
Power to 3 video cameras and DV
IR camera to first zoom, first range, auto range
Adjust video stand and mirror so IR view through feed tubes
Focus all cameras
IR camera to second range, full scale
Begin DV record
Take remote out of test cell
Ignitor Installation
Bend ignitor to desired shape
Set stop level with ignitor outside of device
Attach coax cable
Arm igniter box
Test for spark outside the device
vlots: 11- _
Miscellaneous
Fan on
Paste thermocouples on coolant in / out
Paste thermocouples on device
Check Load Cell Calibration
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F.2 Microrocket Gas Pressurization Checklist
Microrocket Gas Pressurization Checklist (CL2)
Last
Update: 7-Dec-02
D
Action
System Prep
Turn on OFA compressor
Open dry air Bottles
Verify Oil-free Air at pressure
Open control air valve in control room.
Prepare Test Cell for run: coolant I video I etc.
Run "Relays Only" control in Labview.
Charge Oxygen cylinder
Set 3-way valve to shop air (pointing down)
Open 02 isolation valve
Fill system wI low pressure oxygen -150psi
Close 02 pump solenoid valve
Open 02 pump man valve
Set air regulator to desired pressure -100psi
Open 02 pump solenoid valve (Pumping!)
Monitor 02 tank pressure
Close 02 pump valve at -2000psi
Vent 02 pump "shop" drive air
Back off drive air regulator
Open drive air vent
Close drive air vent
Close 02 pump man valve
Supercharge Oxygen cylinder
Set 3-way valve to Bottled Air (pointing up)
Open Bottled Air man valve
Set air regulator to desired pressure (150psi max)
Open 02 pump solenoid valve (Pumping!)
Monitor 02 tank pressure
Close 02 pump valve at desired Tank Pressure
Vent 02 pump "bottled" drive air
Close 02 bottle
Back off bottled drive air regulator
Open the bottled air vent
Open 02 pump solenoid valve
Close the bottled air vent
Close the bottled air main valve
bring the 3-way valve in neutral position
Bring methane up to pressure.
Open Methane Bottle
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Date:~
Time:
Who:
Notes:
pressure: IL.... _
pressure: 1 --1
pressure: IL- _
u
B
Bring regulator up to desired pressure
Safe System if not testing immediately
Close Control air valve
Open Control air vent
Run Desired tests
De-Pressurize System Prep
Vent coolant outlet tanks
Verify Control air vent closed
Verify Control air valve open
Verify 02 isolation valve open
Vent Methane
Close methane bottle I Back off methane regulator
Vent methane through wall
Set methane regulator to vent regulator and line
Vent oxygen into room
Run "Reg Control" in Labview
Enable oxygen vent
Open oxygen vent valve
Ramp up oxygen regulator to vent
Close oxygen regulator
Close oxygen vent
Un-enable oxygen vent
System Shutdown
Close 02 isolation valve
Stop LabView controls, power off
Close control air valve.
Open control air vent
Fan off
Shutdown OFA compressor
Close Dry Air Bottles
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pressure: IL.... _
Test(s): 1 _
Time: IL.... _
F.3 Microrocket Hot/Cold Flow Checklist
Microrocket Hot/Cold Flow Checklist (CL3)
Last
Update: 7-Dec-02
Date:~
Time:
Who:
Action Notes:
Prep for Run
Verify Oil-free Air at pressure pressure: IL.... _
Verify Video System Active
Verify 02 at pressure
Verify methane at pressure
Un-safe system, if necessary
Verify relays set correctly: open 02 isolate & all flow
Close control air vent
Open control air valve slowly
Run Data Acquisition
Start labview data acquisition. (yes to replace)
Zero Values, if desired
Cold Flow Tests I Determine P vs mdot. OIF
Verify propellant flow valves open
Enable Firing
FIRE (COLD FLOW)
Press Stop ????
Run matlab code coldflowcp
Fill the Cold Flow Table
Decide on Run Profile
Repressurize 02 tank (see CL2)
Time: I'- ----J
Record Control Settings Ox Start: 1-- --1
Fuel
Start: 1-- --1
Ox Run: 1-- --1
Fuel
Run: 1-- --1
Start
time: I-- ~
Run
time: 1-- --1
Ramps: L- ....J
Pressurize Coolant
Open coolant flow solenoid valve
Verify throttle valve open
Open coolant inlet He bottle
Bring regulator pressure to -300psi
Open coolant outlet He bottle
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Ramp inlet and outlet pressure to 1000psi, 900psi
Close coolant flow solenoid valve
Prepare to Fire
Insert ignitor into device (test spark)
Verify propellant flow valves open
Verify all VCRs recording
Enable Firing
Set the 5 sec ignition clock
Open coolant flow solenoid valve
Bring coolant inlet pressure to -1800psi
D FIRE & IGNITION
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Time: IL... _
F.4 Microrocket Cold Flow Table
Microrocket Cold Flow Table
7-Dec-
Last Update: 02
Date:~
Time:
Who:
02Tank Regulator Input Reg Pressure Flow rate
pressure (psi) Run # Voltage (mV) (psi) (o/s) OIF
- - 02 CH4 02 CH4 02 CH4 -
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APPENDIX G
NOZZLE FLOW COMPUTATIONAL
FLUID DYNAMICS CONTOUR PLOTS
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1.63e+O 0 2.45e+OO 3.03e+OO 3.34e+OO
1.47e+OO 2.20e+OO 2.73e+O 0 3.0Ie+OO
1.3le+OO 1.96e+OO 2.42e+OO 2.68e+OO
I.l4e+OO 1.7le+OO 2.l2e+OO 2.34e+OO
9.8le-Ol 1.47e+OO 1.82e+O 0 2.0le+OO
8.l7e-Ol 1.22e+O 0 1.52e+OO 1.67e+O 0
6.54e-O 1 9.7ge-O 1 1.21e+OO 1.34e+O 0
4.90e-O 1 7.34e-Ol 9.0ge-O 1 1.00e+OO
3.27e-O 1 4.8ge-Ol 6.06e-OI s.sse-m
1.63e-O 1 2.45e-O 1 3.03e-Ol 3.34e-O 1
3.IOe-05 4.92e-05 3.32e-05 6.2Ie-05
3.48e+OO 3.56e+OO 3.72e+ 0 0
3.13e+OO 3.20e+OO 3.35e+OO
2.7ge+ 0 0 2.84e+OO 2.98e+O 0
2.44e+OO 2.4ge+OO 2.61e+OO
2.0ge+OO 2.l3e+OO 2.23e+O 0
1.74e+OO 1.78e+OO 1.86e+OO
1.3ge+O 0 1.42e+OO 1.4ge+OO
1.04e+OO 1.07e+OO 1.12e+OO
6.97e-O 1 7.1 1e- 01 7.45e-Ol
3.48e-O 1 3.56e-O 1 3.72e-Ol
7.l2e-05 3.05e-05 1.1ge-05
Figure G-l: CFD Plots of Mach Number on the Exit Face for Chamber Pressures of2.4,
4.9, 9.0, 13, 23, 28, and 70 barwith Reference Scale
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3.56e+OO
3.20e+OO
2.84e+OO
2.4ge+OO
2.13e+OO
1.78e+O 0
1.42e+OO
1.07e+OO
7.11 e - 01
3.56e-O 1
\Lx
3.05e-05
Figure G-2: CFD Plots of Mach Number for Chamber Pressure 28 bar with Reference
Scale
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